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FOREWORD

This final report of the Orbital Transfer Vehicle (OTV) Concept Definition and

System Analysis Study was prepared by Boeing Aerospace Company for the National

Aeronautics and Space Administration's George C. Marshall Space Flight Center in

aeeordanee with Contract NAS8-36107. The study was conducted under the direction of

the NASA OTV Study Manager, Mr. Donald Saxton and during the period from August

1984 to September 1986.

This final report is organized into the following nine documents:

VOL.
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VOL.

VOL.

I Executive Summary (Rev. A)

II OTV Concept Definition & Evaluation
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Book 3 - Configuration and Subsystem Trade Studies

Book 4 - Operations and Propellant Logistics

III System & Program Trades

IV Space Station Accommodations

V WBS & Dictionary

VI Cost Estimates

VII Integrated Technology Development Plan

VIII Environmental Analysis

IX Implications of Alternate Mission Models and Launch Vehicles
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T. Flynn, R. Savage
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1.0 INTRODUCTION

This section provides a description of the study in terms of background, objectives,

issues, organization of study and report, and the content of this specific volume.

Use of trade names, names of manufacturers, or recommendations in this report

does not constitute an official endorsement, either expressed or implied, by the National

Aeronautics and Space Administration.

And finally, it should be recognized that this study was conducted prior to the STS

safety review that resulted in an STS position of "no Centaur in Shuttle" and

subsequently an indication of no plans to accommodate a cryo OTV or OTV propellant

dump/vent. The implications of this decision are briefly addressed in section 2.2 of the

Volume I and also in Volume IX reporting the Phase II effort which had the OTV

launched by an unmanned cargo launch vehicle. A full assessment of a safety

compatible cryo OTV launched by the Shuttle will require analysis in a future study.

1.1 BACKGROUND

Access to GEO and earth escape capability is currently achieved through the use

of partially reusable and expendable launch systems and expendable upper stages.

Projected mission requirements beyond the mid-1990's indicate durations and payload

characteristics in terms of mass and nature (manned missions) that will exceed the

capabilities of the existing upper stage fleet. Equally important as the physical

shortfalls is the relatively high cost to the payload. Based on STS launch and existing

upper stages, the cost of delivering payloads to GEO range from $12,000 to $24,000 per

pound.

A significant step in overcoming the above factors would be the development of a

new highly efficient upper stage. Numerous studies (ref. 1, 2, 3, 4) have been conducted

during the past decade concerning the definition of such a stage and its program. The

scope of these investigations have included a wide variety of system-level issues dealing

with reusability, the type of propulsion to be used, benefits of aeroassist, ground- and

space-basing, and impact of the launch system.

1.2 OBJECTIVES AND ISSUES

The overall objective of this study was to re-examine many of these same issues

but within the framework of the most recent projections in technology readiness,
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realization that a space station is a firm national commitment, and a refinement in

mission projections out to 2010.

During the nineteen-month technical effort the specific issues addressed were:

a. What are the driving missions?

b. What are the preferred space-based OTV characteristics in terms of propulsion,

aeroassist, staging, and operability features?

e. What are the preferred ground-based OTV characteristics in terms of delivery

mode, aeroassist, and ability to satisfy the most demanding missions?

d. How extensive are the orbital support systems in terms of propellant logistics and

space station accommodations?

e. Where should the OTV be based?

f. How cost effective is a reusable OTV program?

g. What are the implications of using advanced launch vehicles?

1.3 STUDY AND REPORT ORGANIZATION

Accomplishment of the objectives and investigation of the issues was done

considering two basic combinations of mission models and launeh systems. Phase l

concerned itself with a mission model having 145 OTV flights during the 1995-2010

timeframe (Revision 80TV mission model) and relied solely on the Space Shuttle for

launching. Phase 2 considered a more ambitious model (Rev. 9) having 442 flights during

the same time frame as well as use of a large unmanned cargo launch vehicle and an

advanced Space Shuttle (STS II).

The study is reported in nine separate volumes. Volume I presents an overview of

the results and findings for the entire study. Volume II through VIII contains material

associated only with the Phase I activity. Volume IX presents material unique to the

Phase II activity. Phase I involved five quarters of the technical effort and one quarter

was associated with the Phase lI analyses.

1.4 DOCUMENT CONTENT

This specific document reports the work associated with the systems analysis of

the OTV, configurations, subsystems, and supporting technical areas. The key program

groundrules influencing the analysis of these areas include use of the Rev 8 mission

model involving 145 OTV flights beginning in 1994 and ending in 2010 and an STS launch

system emphasizing 72K lbm capability and sensitivity to 65K lbm. In general, the

trades, studies, and analyses that are discussed deal with each of these topics on an

2
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individual basis. System level analysis dealing with multiple discipline trades are

discussed in Volume Ill.

Unless otherwise stated, the units used in this document, and to be assumed if

none are given, are as follows:

Length - feet or inches

Weight - pounds mass (Ibm)

Force - pounds force (Ibf)

Thrust - pounds force (Ibf)

Temperature - degrees fahrenheit (°F)

Heating Rate - BTU/ft 2 sec



This Page
Intentionally

Left
Blank



D180-29108-2-3

2.0 CONFIGURATIONS

This section presents a chronological history of each of the OTV configurations

developed during this study.

2.1 TOP LEVEL REQUIREMENTS

Table 2.1-1 shows the top level requirements used to guide

definition of the OTVs.

the configuration

2.2 SPACE BASED OTV'S

This section discusses the configuration activity associated with the development

of a ballute brake OTV, symmetrical lifting brake •OTV, and shaped brake OTV. All

concepts are based at a Space Station which is in a 270 r{mi/28½ ° orbit. Servicing of the

vehicle at the station includes maintenance, refueling, and payload integration.

The following subsections present the vehicle reference configurations and,

chronologically, the trades and analyses performed to refine the configurations and

finally a description of the selected baseline vehicle.

2.2.1 Space Based Ballute Braked OTV

2.2.1.1 InitialReference Configuration

Figure 2.2.1-1 shows the initial reference configuration for the ballute braked

Shuttle cargo bay (SCB) compatible OTV. The configuration was based upon our AOTV

study which was ongoing at the start of this study.

Main propulsion is provided by two 6000 Ib thrust advanced expander cycle

engines. Two engines were selected to provide engine out capability for manned

missions. Disconnect plates have been provided for the engines allowing them to be

replaced on orbit.

The aerobrake is a 50 foot diameter, 60 degree half angle, 600 degree F backwall

temperature ballute. The ballute was reusable. Subsequent analyses resulted in

switching to a ballute concept that isused only once.

The LO2 and LH2 tanks have hemispherical domes to minimize the weight of the

tanks. Both tanks have conformal meteoroid/debris shield as shown in figure 2.2.1-2;

however, the section of shield covering the cylindrical section of the LH2 tank (dashed

lines in figure 2.2.1-2) is deployable to a standoff distance of 6 inches. This permitted

5
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the LH2 tank to be 170 inches in diameter while optimizing the weight of the shield.

The LO2 tank is located aft because its smaller diameter integrates well with the engine

thrust structure and allows room for ballute stowage. Graphite/epoxy tubes with

aluminum end fittings connect the tanks to the rest of the vehicle's primary structure.

Support of the tanks in this manner minimized heat conduction into the tanks and helps

control propellant boiloff losses. The use of a truss tube system to support the

cryogenic tankage is used for all concepts of this study. The space based OTV will be

initially transported to space empty. Since this results in low structural loads, the tank

walls can be used as primary structure rather than having to have a structural shell

around the tankage.

Figure 2.2.1-3 shows the systems module located on the forward end of the

vehicle. The systems module houses the avionics, electrical power system, reaction

control system, and payload interfaces. A 30 inch deep octagon structure was selected

for the systems module based on an estimate of the total area required for the

equipment and because it provides flat interface surfaces for the avionics. Flat

surfaces simplifies the design of the doors and avionic support structure. Space

maintenance provisions have been provided for the IRU, GPS, transponder, RF power

amplifiers, and DMUs. The fuel cells are also replaceable on orbit. The RCS is a

hydrazine system with 4 thruster modules which are installed and maintainable on orbit.

Installation of the thruster modules on orbit allow them to be stood off from the vehicle

body to reduce contamination and heating effects. The systems module is located at the

forward end of the vehicle to minimize the view factor of the avionics radiators to the

hot ballute during and after the aeromaneuver, keeps the RCS thrusters away from the

deflated ballute, and provides both top and side access to the equipment for removal and

installation.

Figure 2.2.1-2 shows a top level weight statement for this configuration.

2.2.1.2 Major Trades and Analyses on Initial Reference Concept

The following five top level trades and analyses were performed off this reference

configuration; 1) ballute sizing analysis, 2) systems module location trade, 3) tankage

shape trade, 4) engine type and sizing trade, and 5) reliability analysis. The first three

trades and analyses are presented below. The engine type and sizing trade is presented

in section 4.0 and the reliability analysis is presented in section ll.0. The engine sizing

trade resulted in changing to 5000 Ib thrust engines, and the engine selection trade

verified continued use of advanced expander cycle engines. The reliability analysis

II
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indicated that life cycle cost savings would occur with redundancy in the avionics and

EPS equipment, RCS thrusters, and having a total of two main engines.

Ballute Sizing. Ballute diameter isaffected by three controlling factors; I) the

design heating limit of the ballute fabric, 2) the required turn-down ratio, and 3) the

required static stability control margin (ep-cg margin).

As discussed in the aerothermal documentation section 5.0, the fabric heating is a

function of the ballistic coefficient (W/CDA) of the vehicle during the aeromaneuver.

For a constant reentry weight, if the ballute diameter is increased the ballistic

coefficient and fabric peak temperature decrease. The design heating limit of the

fabric, therefore, can be expressed approximately as a fixed ballistic coefficient. The

ballute diameter must be sized to yield a ballistic coefficient less than this heating limit

coefficient.

Ballute turn-down is accomplished by varying the internal pressure of the ballute

during the aeromaneuver. As the pressure decreases, the CDA of the ballute decreases

and the ballistic coefficient increases. Varying the CDA allows drag control and,

thereby, delta-V control during the aeromaneuver. The maximum turn-down ratio

((CDA)max/(CDA)min) is limited; however, by the physical characteristics of the

ballute.

The third diameter controlling factor is the static stability control margin or the

distance between the center of pressure of the ballute at the maximum turned-down

position and the center of gravity of the total vehicle and payload. A positive static

margin is necessary because the aerodynamic moments are large relative to the RCS

moments. The aerodynamic moment for a one degree change in angle of attack with a

static margin of 5% of the length of the ballute is as large as 1070 ft-lb, as compared

with an RCS moment of only 445 ft-lb. The aero stability limits usually size the ballute

diameter. Since the ballute weight increases by the square of its diameter, a vehicle aft

cg placement becomes important to reduce ballute diameter and; therefore, weight.

The desirability of an aft cg during the aeromaneuver supports the aft placement of the

LO2 tank.

In summary, ballute sizing is dependent on vehicle dimensions and center-of-

gravity for a desired backwall temperature (1500°F) and turn-down ratio range. The SB

ballute braked OTV resulting from our optimization studies for a stage diameter of 14.5

ft, a length of 35.2 ft, and a start burn weight of 74,140 Ibs when sized for a GEO man

sortie mission has a diameter of 50 ft. The aerobreaking provisions include a ballute

13



D180-29108-2-3

with a 1500°F backwall temperature and a turn-down ratio of 1.5 (max/rain ratio of

CDA).

Systems Module Location. To investigate the effects of moving the cg aft, a trade

was performed on placing the systems module between the fuel and oxidizer tanks

rather than forward on the vehicle. Figure 2.2.1-4 shows the reduction in ballute

diameter and weight for a given usable propellant load. Mid body placement of the

systems module was selected as a reference configuration concept for both the space

based and ground based ballute braked vehicles based on this data.

Tank Shape. Alternate tank shapes were also investigated as a means of moving

the vehicle cg aft. Figure 2.2.1-5 shows vehicle configurations with 0.707 elliptical

domed LO2/LH2 tankage and a toroidal LO2 tank with a 0.707 elliptical domed LH2 tank

used for this trade. Figure 2.2.1-6 shows the length and weight trends. Although the

toroidal tank yields the smallest ballute diameter due to its short length, the tank itself

increased in weight more than the ballute weight savings resulting in a higher vehicle

inert weight than the elliptical domed tank vehicle. This data resulted in the selection

of 0.707 elliptical domed tanks for both the space based and the ground based vehicles.

Figure 2.2.1-7 shows the effect of the systems module placement and tank shape trade

on the ballute sizing.

2.2.1.3 Revised Reference Configuration

Figure 2.2.1-8 shows the revised reference vehicle configuration resulting from

the above trades and analyses.

2.2.1.4 Trades and Analyses on Revised Reference Configuration

Using the revised reference configuration further trades and analyses were

conducted on the ballute, RCS, avionics and EPS, TPS, and meteoroid/debris protection.

Ballute. Ballute configuration trades regarding thermal protection, drag control

and shape are presented in sections 5, 6, and 10 respectively of this document. These

trades resulted in changing to a 70 degree half angle, 1500 degree F backwall

temperature ballute which is jettisoned after each mission. Furthermore, the ballute

has a turn down ratio (TDR) of 1.5 with a forward to aft attachment point distance of at

least half the ballute radius. A detailed design of the ballute installation and jettisoning

provisions is given below. The vehicle is originally transported to orbit empty and

14
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without a ballute allowing ASE to be temporarily attached to the engine primary

structure. ASE isalso attached via the payload interface to complete the support of the

vehicle for transport.

RCS. The RCS has been moved forward for three reasons; I) eliminate thrusters

heating avionic radiators, 2) eliminate contamination of avionic radiators, 3) reduce

plume impact on ballute jettisoning, and 4) increase area for avionics in ring.

EPS Radiator. The EPS and avionic radiators were sized using nominal earth

infrared, albedo and solar radiation heating on a vehicle performing a thermal roll. The

EPS radiator is located adjacent to the avionics to allow assembly and checkout as a

unit before integration into the vehicle. The EPS radiator is shown facetted since it

conforms to the primary strut structure to which it isattached.

TPS. The 1500 degree ballute requires insulation external to the meteoroid/debris

shield. Since the EPS and avionics' radiators cannot be insulated, the backwall of the

ballute is insulated in this area to reduce the heat transfer; however, this insulation by

itself will not keep the avionics below their design temperatures. As a reference

concept, we have used phase change materiel (myrietic acid, a salt that melts at 136°F)

around critical avionics to keep temperatures within limits.

Meteoroid/Debris Shielding. Figure 2.2.1-9 shows the results of a trade comparing

meteoroid/debris shielding conformal to the tank dome heads versus shielding placed

along the vehicle body lines. Placing the shield along the body lines and using the EPS

radiator and avionics ring as part of the shield yields the least added shield area and;

therefore, the least weight. Integrating the EPS radiator and avionics ring with the

shield and considering the primary load path of the mid body avionics ring allows

elimination of the box structure enclosing the avionics as in the systems module design.

Furthermore, meteoroid/debris shield analysis presented in section 3.0 resulted in

changing to a 3 inch standoff distance over the LH2 tank's cylindrical section and the

elimination of the deployed shield. The tank was resized using a 3 inch static and

dynamic clearance to a maximum diameter of 168 inches.

2.2.1.5 Selected Space Based BaUute OTV Configuration

Figure 2.2.1-10 shows the final configuration of the space based, ballute braked

OTV. Table 2.2.1-I shows a synopsis of the design features of this configuration.

20



I-
Z
<
.=.1
,.=.1
ttl

O
e,.'

"1"

O
,,d

en
-I

v

t_

O
tL

e',t
tu
N

+1m

o

"i

,5 ¸
o

-,r
,.d

r.o
vm

D180-29108-2-3

/5
Ill

wZ _

_- © __ +- ,.

o_.

ul ul

I11 '_ m

O_

,o = .. <_

m

Ill

v
Z

I- v
LU Z

O I'=
W

W <
*'I= (J
" r-

IH --I

21

.Q

B

LL

'T,
>

©



D 180-29108-2-3

o

22



I.,.,,

t_

eq
eq

,.Q

D180-29108-2-3

U3

_J
Z
0

=E
m,.
U.l

I--

=E
0
m,-

C_

Z
<

II

c_
'D0
c9

0

23



D180-29108-2-3

Major Elements. Figure 2.2.1-11 shows three major structural elements which are

removable via EVA. The ballute is installed and jettisoned after each flight. The heat

shield structure is removed only when a main engine must be replaced. Removal

provides the EVA astronaut access to the engine interface since the nozzle doors are not

large enough to admit an EVA astronaut.

Figure 2.2.1-12 shows our actuator and linkage design concept for opening the

nozzle doors on the heat shield support structure. The doors open almost 180 degrees to

reduce peak temperatures in the doors due to the engine radiation and recirculation

environment. The door TPS closures are envisioned to be similar to the umbilical or

gear door closures used on the Shuttle.

Ballute Attachment. Our reference design uses three marman type clamp bands to

secure the ballute and heat shield to the vehicle core. The ballute clamp bands are

automatically latched while the heat shield band is manually latched. Automatic

latching could be pneumatic (as shown) or electrically driven.

The major hardware for the installation and jettisoning of the ballute is shown in

figure 2.2.1-13. The system isdesigned to ease EVA installation of the ballute, keep the

chance of damaging the tiles on the heat shield to a minimum during installation and

assure jettisoning of the ballute after use. A structural assembly supports the ballute

itself during transport and installation. The ASE used to transport the ballute to the

Space Station and the fixture used to support the ballute at the station attaches to the

marman clamp interface on the ballute support structure. During installation, rollers on

the ballute structure engage guide tracks on the heat shield. The tracks are funnel

shaped at the ends so the ballute only needs to be grossly positioned initially. As the

ballute is drawn onto the tracks by the shuttle mechanism, the narrowing tracks

precisely position the ballute.

The ballute installation sequence is shown in figure 2.2.1-14. The shuttle

mechanism/spool system is used to winch the ballute onto the vehicle. After the second

set of rollers is engaged, the tool used to initially position the ballute can be removed.

After the ballute has been seated and clamped, the temporary transport corset is

manually removed to free the end of the ballute which must be threaded under the

forward attachment clamp. The clamp isthen partially closed, the ballute edge bead is

seated against the clamp and the clamp is fully closed finishing the installation.

Ballute inflation occurs just prior to the aeromaneuver. Jettisoning the main

corset initiates the inflation sequence. Figure 2.2.1-15 shows the main corset
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jettisoning procedure. The corset is installed in segments held together by daisy chain

closures. The final daisy chain loop is suspended between standoffs on the ballute

support structure. Upon installation, the final loop is automatically properly positioned

over a rotating knife assemble. To jettison the ballute, the knife assembly severs the

final loop allowing the daisy chain to unchain and the corset is stripped away by the

inflating ballute.

The ballute is inflated with GN2 before and during the aeromaneuver and

therefore, provides the means for controlling drag. Figure 2.2.1-16 shows the ballute

shape at several points in the aeromaneuver. Modulation of the internal pressure

controls the location of the center of pressure (cp) of the ballute from fully inflated to a

1.5 turned down shape. A 5 percent stability margin between the cp of the turned down

ballute and the cg of the vehicle sizes the ballute as shown in figure 2.2.1-17. The

limits shown correspond to the ballute sizing factors discussed earlier. The 1.5 turn-

down limit line in this figure shows that a 33 ft diameter ballute is the smallest ballute

which can be attached to the 126 inch diameter aft attachment interface and stillhave

a turn down ratio of 1.5.

After the aeromaneuver is complete, the ballute forms into a torus shape from

internal pressure loads. The hot ballute isjettisoned as soon as possible to minimize its

thermal impact on the vehicle. Jettisoning of the ballute is the opposite of the

installation and is shown in figure 2.2.1-18. The shuttle mechanism/spool system

winches the ballute off the vehicle while the RCS thrusters move the vehicle away from

the ballute. Tapes connecting the forward edge of the ballute to its support structure

ensure that the forward edge is pulled from under the open marmon clamp band.

Avionics Placement. An initial layout of the avionics installation is shown in

figure 2.2.1-19. Equipment associated with particular subsystems have been located

together. The first four bays and part of the fifth are dedicated to the electrical power

subsystem. The fifth and sixth bays contain the TT&C subsystem. The seventh and part

of the eighth contain the GN&C subsystem and the main propulsion subsystem occupies

the remainder of the bay. Provisions for the equipment needed to man-rate the vehicle

are initially installed; however, the avionics themselves are only installed the manned

flights.

The GN2 bottles required for main engine seal purge and ballute inflation are

located behind the EPS radiators.
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Weights. Figure 2.2.1-20 shows a top level weight summary for the manned sortie

mission of the space based, ballute braked vehicle. The subsystems are man-rated.

Included in structures are body and stiffening ring structures, thrust structure, equip-

ment support structure, tankage and tankage support structure, as well as all structure

associated with the ballute, both jettisonable and non-]ettisonable. Propulsion systems

include both main propulsion and reaction control systems. Thermal control and

protection includes tank insulation, and active thermal protection during the

aeromaneuver. Other systems are shown. Space maintenance provisions includes all

structural and mechanical provisions to remove/replace selected vehicle components.

Weight growth includes 5% of existing hardware weight and 15% on all other weights.

Center of Gravity. Figure 2.2.1-21 shows the cg movement for the 20k delivery

missions and 7.5k manned roundtrip mission. The 20k mission establishes the engine

gimbal angle requirement of 21 degrees. This angle provides 4 degrees of control

authority if an engine were to fail shortly after the payload was delivered. The manned

mission establishes the ballute diameter via the aerodynamic stability margin

requirement. The relationship between the aerodynamic center and the cg for this

mission isshown.

Weight Trending. For the above chronological history of configurations, figure

2.2.1-22 shows how the weights changed as the configurations changed. Table 2.2.1-2

presents a breakdown of the weight changes.

2.2.1.6 Configuration for Drag Modulation Trade

A system level trade was performed between configurations using ballute

turndown for drag control as discussed above versus engine exhaust modulation. The

complete trade is discussed in Volume Illand thermal protection inputs are addressed in

Section 5.0 of this document. Figure 2.2.1-23 shows the engine drag modulation vehicle

configuration used in the trade. Besides drag modulation, the engine exhaust is also

used to cool the boundary layer of the ballute resulting in a lower FSI weight.

The weight changes from the space based OTV with a 600 degree backwall

temperature ballute using turndown are shown in table 2.2.1-3. Although the engine

modulated vehicle has a structural weight savings, this savings is offset by the addition

of main propellant and ballute pressurant required for the aeromaneuver. Additional

pressurant is required to maintain the ballute at its nominal profile throughout the
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maneuver. Shortening the heat shield length changes the cg of the vehicle permitting a

smaller ballute. The net weight savings results from this smaller ballute sizing.

2.2.2 Space Based Symmetrical Lifting Brake OTV

2.2.2.1 Initial Reference Configuration- Articulated Brake

The lifting brake OTVs discussed in this section are transported to orbit in the

Shuttle payload bay. Figure 2.2.2-1 shows our initial reference configuration. The

lifting brake is articulated so the angle of attack and lift vector direction can be

modified during the aeromaneuver to compensate for cg changes from flight to flight

and to control the flight direction. Articulating the brake to one side shifts the vehicle

cg off the brake centerline causing the vehicle to stabilize at an angle of attack. Flying

the brake at an angle of attack produces lift. Controlling the lift vector direction

allows the vehicle to be flown into or out of the atmosphere, that is, into denser air or

less dense air. Flying through differing air densities controls the amount of velocity

dissipated via the aeromaneuver.

The vehicle core consisting of the tankage, engines, and systems module was

derived from the space based ballute braked vehicle. The core is an efficient design for

carrying the predominately axial loads of the brake while minimizing the number of

tanks and providing a symmetric interface for the articulated brake. Due to the fact

that both together exceed the payload bay volumetric capability, the core and the brake

are transported to orbit on different Shuttle flights and are integrated on orbit.

Figure 2.2.2-1 also shows a top level weight summary of the initialconfiguration.

2.2.2.2 Revised Reference Configuration

Further definition and a structural analysis (see section 3.0) of the articulated

brake were performed resulting in the configuration shown in figure 2.2.2-2. The RCS

thrusters were relocated forward to reduce impingment on the brake and associated loss

of thrust. The brake is launched in a collapsed condition as shown. When expanded and

mated with the core it is attached by bearings at the apex of the support quadrants and

two actuators at 90 degrees to the supports. A deep cylindrical section with a heavy

ring at the base collects the drag loads from the ribs and rib support struts and delivers

it to the support quadrants and actuators. The relatively shallow angle and small rib

attachment radius of the rib support struts results in a heavy brake framework as shown

in table 2.2.2-i. When the TPS, support structures, and support mechanisms are added

42



D180-29108-2-3

1,0

.,,,,,,,

"T,

c,,i
c,,i

CO

"7,
>
I--

©

43



D180-29108-2-3

- _a / o-

• \\, -,._ ,; _ __,- -,',,_/
\_,_, . -..,-_-_,- , ,,_,.

_._ -_;

44



D180-29108-2-3

c9.
>
I--

©

q

I

°_

'..4

e_

i
¢N
cq
c,i

,¢
rr"
O

Ill

,<
rr"
i,

Iii

A

i

A

i

0
I

Z
0
Z

03
I

I.I.I

"1-

Ill
I

n,-

I.I.I

I--

I-

n-
I.I.I

Z
i

iI

>-

I.O
l=i

A

"-* 0
z

w w

0..
0 _ _- "r"

' II I-- I---
Z _ _._.
0 _- _:_ _:
Z _ _

w _ _

Z 0 O_ 0

_ o00

r_
-.I

t_

cO

II

I--
0
I--

cO

Z
0
I

I-.

r_
I.I.

Lid
n-

I-

n,-
!.-
O0

I

45



D180-29108-2-3

to the framework the aeroassistdevice accounts for 25 percent of the total vehicle dry

weight.

2.2.2.3 Trades and Analyses

Fixed Brake. Recognizing the dominant role of the brake weight in the vehicle

sizing, we investigated an alternative fixed brake design. Figure 2.2.2-3 shows the fixed

brake configuration. The vehicle core is angled relative to the brake to offset the cg

causing the brake to fly at an angle of attack during the aeromaneuver. Pointing of the

lift vector of the brake is accomplished by rolling the vehicle about its longitudinal axis.

Since the brake does not gimbal, the rib struts can be attached directly to the vehicle

core. Attaching the struts to the aft edge of the systems module and moving the rib

interface outboard increases the efficiency of the strut system and reduces the bending

loads in the ribs. Table 2.2.2-2 shows the reduced weight of this brake system.

Wake Heating. Thermal analysis of both of these configurations indicates severe

wake heating problems as discussed in section 5.0. The entire return payload and a

portion of the hydrogen tanks are subject to wake impingement. The severity of the

wake heating resulted in the adoption of a design ground rule of no return payload wake

heating. This ground rule combined with a nominal 22 degree wake heating boundary

eliminated the two tank in-line configurations from further consideration and caused us

to investigate multi-tank concepts.

Four Tank Concept. This concept was derived from our ACC configurations and is

shown in figure 2.2.2-4. The LO2 tanks, LH2 tanks, brake and avionics ring/core

structure are transported individually in the Shuttle bay and are assembled together on

orbit. This configuration incurs weight, risk and cost penalties due to the amount of

required on orbit assembly. Weight penalties include interface points to ASE for

transport, EVA or RMS handling fixtures, and EVA mate/demate structural and

electrical joints. The complexity of EVA, Quality Assurance, and the limited resources

available if an error occurs increases the cost risk of a vehicle which is extensively

assembled on orbit. Cost increases include astronaut training, EVA directly incurred

costs, and increased checkout and leak detection required since major components of

the MPS have to be assembled. A four tank configuration incurs a weight penalty

relative to a three or two tank arrangement due to increased surface area which needs

to be insulated and protected from meteoroids and debris. This configuration also incurs
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the burden of having to be extensively disassembled for return to earth if a problem

occurs which is not space repairable.

Three Tank Concept. Figure 2.2.2-5 shows tank configuration options which were

explored for the lifting brake OTV. The tanks have been located transverse to the roll

axis of the brake so the return payloads will not be subjected to wake impingement

heating. Likewise, the brake issized in diameter to prevent wake impingement heating

on the tanks or the engines.

Besides wake heating, the aeromaneuver's L/D requirement drives the location and

arrangement of the tanks. L/D results from flying the brake at an angle of attack which,

in turn, is obtained by cg offset. As discussed in section 6.0, an aeroguidance trade

study was performed for i0, 20, and 30 degree angles of attack to determine which

resulted in the least weight system. The trade favored i0 degrees. A low angle of

attack is also favorable from a configuration standpoint because of the conflicting

requirements of cgoffset verses no wake impingement heating. As the tanks are moved

forward to increase the cg offset and, thereby, increase angle of attack, the angle

between the brake and the wake impingement boundary line increases (22 degrees +

angle of attack) forcing the tanks back. As a result, a 10 degree angle of attack was

selected as a design requirement.

Five major elements whose cg position control the angle of attack are the; I)

lifting brake, 2) tankset, 3) engines, 4) propellant, and 5) return payload. The lifting

brake, tankset, engines, and residual propellant cg positions combine to form an inert

weight cg position which varies very little from flight to flight. For any OTV

configuration to trim at a desired angle of attack, the tankset and engine positions must

be juggled relative to the brake to locate the inert weight cg along the angle of attack

trim line. On the other hand, the reserve propellent and return payload are masses that

have large variations from flight to flight and have a large influence on the system cg.

As a result, the reserve propellant and payload cg positions must individually be located

on the angle of attack trim line so the system cg position will track the trim line despite

their variations. Unfortunately, it is impossible to eliminate all sources of cg error or

variation; however, their influence on the vehicle's angle of attack reduces as the cg

moves closer to the nose of the brake. For example, 8 feet behind the brake the angle

of attack changes 0.95 degrees per inch of cg error, whereas at 20 feet, 1.85

degrees/inch will occur. Therefore, a configuration which positions the vehicle and

payload cgs close to the brake is desirable.
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Based upon the aforementioned configuration guidelines, the multi-tank configura-

tions shown in figure 2.2.2-5 can be evaluated and a reference configuration selected.

2.2.2.4 Selected Baseline Configuration

Figures 2.2.2-6 and 2.2.2-7 show our baseline space based lifting brake OTV

employing 3 tanks. Relative to the four tank configuration, on orbit assembly costs and

risks have been mitigated by making the tanks, propellant manifolds, avionics, EPS,

RCS, engine interfaces, and payload interface one integral unit which isbrought to orbit

in the Orbiter PLB. Table 2.2.2-3 shows the key configuration features of the OTV

concept.

Major Elements. Figure 2.2.2-8 shows the major elements which are individually

transported in the Shuttle bay and are assembled on orbit. The TPS for the brake is

transported separate from the collapsed brake structure to avoid damaging the fabric

and allow for the installation of ASE on the brake structure.

When a main engine or the brake TPS has to be replaced on orbit the brake must

be removed to provide the EVA astronaut access to the engine or TPS interface. A

simple four point interface is maintained between the tankset and the brake to

facilitate brake removal/reinstallation.

Brake Structural Configuration. The brake's basic form is a blunted 70 degree half

angle cone as shown in figure 2.2.2-7 (see figure 2.2.2-11 for views and sections). An 87

inch radius hardshell dome covered with RSI forms the center of the brake. Doors are

located in the dome for engine nozzle deployment. Ribs attach to a ring on the dome

and support the fabric TPS covering. The ribs fold up for transport in the Orbiter bay.

A triangular strut system transfers the brake loads to the tankset. One set of struts

connects the dome to the tankset and another connects the ribs to the tankset. The rib

struts minimize the bending loads in the ribs therefore allowing the ribs to be relatively

light sections.

Besides the strut system which transfers the brake loads to the tankset, a strut

system exists which transfers loads between the ribs as shown in figure 2.2.2-9. These

struts laterally stabilize the ribs, prevent "racking" of the ribs during roll maneuvers,

and transfer the rib strut kick loads between ribs.

Brake TPS. Figure 2.2.2-10 shows the flexible TPS assembly for the lifting brake.

The TPS isdesigned to be installed with the brake structure assembled. The inner edge
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of the fabric issecured by a structural ring which is part of the TPS assembly. This ring

fits concentrically to the dome of the brake and dome fasteners are used to secure it.

This avoids having fasteners penetrate the RSl on the ring. Radial straps are sewn to

the Kevlar base cloth corresponding to the rib locations. They are wound onto spools to

tension the blanket.

Tank.set. The tankset consists of the tanks, propellant manifolds, avionics, EPS,

RCS, and engine, brake and payload interfaces. As shown in figure 2.2.2-9, the tankset is

offset from the center of the brake so the vehicle will trim to a i0 degree angle of

attack during the aeromaneuver.

A hi-pod strut system interconnects the LO2 tank with the two LH2 tanks. There

are eight avionic bays located between the LO2 and LH2 tanks similar to the space

based ballute configuration discussed earlier. The bays and EPS radiator are identical in

configuration as the ballute vehicle's design (reference figure 2.2.1-19); however, they

have been located to minimize their view factor to the payload while maintaining a high

view factor to space. Meteoroid/debris protection again parallels the ballute design

with a 3 inch stand off shield conformal to the body lines integrated with the EPS

radiators and equipment bays.

A four point interface connects the tankset to the lifting brake. Section BB of

figure 2.2.2-11 shows the primary structure which transfers the engine and brake loads

to the payload interface, the tank support strut connection points, and the avionic bays.

This integrated engine and brake primary structure design provides a very efficient

structural design despite the cantelevered design of the LH2 tanks. Placing the tanks

perpendicular to the engine and brake load directions does not impose a weight penalty

on the vehicle because of the high moment of inertia due to the large diameter of the

vehicle and the light structural loads.

View AA in figure 2.2.2-11 taken from the side view of the liftingbrake shows the

RCS thruster clusters on the ends of the tankset. 150 Ib roll thrusters are required to

achieve a roll rate of 5 degrees per second squared. This roll rate is required to change

the lift direction during the aeromaneuver so the guidance system can fly out

atmospheric dispersion errors. The roll thrusters can also provide pitch authority except

when the cg lies in their thrust plane. Forward pointing pitch thruster were added for

this contingency although they present a potential payload contamination and heating

problem; however, a payload has to be very large in diameter for this to occur. The

forward pointing pitch thrusters are generally more efficient for pitch and yaw control
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than the roll and yaw thrusters and could be used extensively on missions whose payloads

are insensitive to their effects.

Brake Sizing. Figure 2.2.2-12 shows how the brake diameter is constrained. The

heating line isdeveloped from TPS temperature limits discussed in section 5. The other

two lines show trending lines for a horizontal tankset with a circular brake. Ellipsoidal

domes are used on the tanks to minimize the brake diameter. As the reentry weight

increases due to increased propellant loads the tankset length increases requiring a

larger brake to protect the tanks. Our configuration is sized by the manned sortie

mission reentry weight and the heating limit curve.

Weights. A weight summary for the final lifting brake OTV configured for a

manned sortie mission was shown in figure 2.2.2-6. All subsystems are man-rated. The

summary contains the same elements as the ballute braked OTV discussed previously, in

this case the lifting brake primary and secondary support structure as well as the

flexible membrane are included in structures weights. Insulation on the face of the

brake is included in thermal control and protection.

Center of Gravity. Figure 2.2.2-13 shows the cg movement for the 20k delivery

missions and 7.5k roundtrip manned missions. The cg position for the final

circularization burn after the aeromaneuver sets the engine gimbal angle requirement of

34 degrees. This angle provides 4 degrees of control authority ifan engine were to fail.

The high gimbal angle results from the low cg position designed to reduce the vehicle's

angle of attack sensitivity to cg position errors. Accommodating this large gimbal angle

is not possible with the current brake dome design due to diameter limitations.

Weight Trending. For the above chronological history of lifting brake configura-

tions, figure 2.2.2-14 shows how the weights changed as the configurations changed.

Table 2.2.2-4 presents a breakdown of the weight changes.

2.2.2.5 Revised Baseline Configuration

Further assessment of the symmetric lifting brake OTV was done in conjunction

with refinement activity for the GB ACC OTV lifting brake. This analysis focused an

update of the brake rib structure, and the brake thermal protection system. The weight

improvement in these subsystems led to a performance improvement for the vehicle

overall.
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The twenty-four deployable ribs in the symmetric brake can be tailored to the

moment distribution along the rib in order to minimize weight. With this type of

tailoring, as shown in figure 2.2.2-15, a weight savings of about 160 Ib can be achieved.

Also, the inter-rib support can be tension-only straps instead of tension/compression

struts, as was designed originally. Use of straps instead of struts saves 260 lb.

In the area of TPS, the fabric assembly weight was updated, using an integrally

woven assembly that includes both support fabric of NEXTEL and surface fabric of

NICALON, rather than the original concept of an alI-NICALON assembly supported by a

KEVLAR cloth. This change resulted in a weight savings of 90 lb. Updated TPS

insulation thickness resulted in a weight savings of 240 lb.

Overall, these updates resulted in weight savings of 860 lb., including weight

growth of II0 lb. In terms of performance, this reduced the propellant requirement for

performing the 20K Ib delivery mission to GEO from 69,681 Ib to 65,180 Ib of LO2/LH2.

The results of this analysis are shown in figure 2.2.2-16.

2.2.3 Space Based Shaped Brake OTV

2.2.3.1 InitialReference Configuration

The shaped brake OTVs discussed in this section are transported to orbit in the

Shuttle payload bay. Figure 2.2.3-1 shows our initial reference configuration. The

brake's shape, tankage and engine arrangement were based upon the Johnson Space

Center configuration in NASA TM 58264.

The shaped brake is a blunted raked elliptical cone hardshell thermally protected

by RSI. The brake diameter is affected by the same controlling factors as the

symmetric lifting brake OTV, that is, protecting the tanks, engines and return payload

from wake impingement heating and the TPS material heating limit. For the shaped

brake, wake impingement tends to be the controlling constraint. The base of the cone

(in the rake plane) is circular to allow packaging of the tanks and engines.

Once on orbit three LH2 tanks, one LO2 tank, the engines, and the avionics

systems module are integrated to the brake via a structural truss system. The avionics

systems module is identical to that used in the initialspace based ballute braked OTV.

Use of four tanks permits efficient packaging into a circular brake and good inert

weight cg trim for the aeromaneuver. Each integrated element provides its own

thermal protection system and meteoroid/debris shielding.

The structural design concept for this configuration is described in section 3.0.

Basically, the inertia loads of the tanks and equipment are transferred via the strut

65



D 180-29108-2-3

N
N

o

66



D180-29108-2-3

I:I:l
..d
v

>..:
rr-

,,,=
8

or-, _ _t_t_ cOcO

5

Wldd

,,, z
_!.-- _...a

> ,< w' _ ,7, w. __n.. O

o • o_.,<,o.o I--,, '_" _
I--0_

go gig •

t-,,i

t,t,.

"7",
>

o

67



D180-29108-2-3

\
\

t

t_

>
I.-
o

I
I

|

/\
i

|

!

68



D180-29108-2-3

system to the brake periphery during the aeromaneuver. This causes the brake's

hardshell to go into compression similar to squeezing an egg shell. Utilizing the doubly

curved surface of the brake for overall stability allows the brake to be designed as a

monocoque structure.

Control of the shaped brake during the aeromaneuver is the same as the fixed

lifting brake OTV discussed above. Rolling the vehicle changes the lift vector direction

allowing flight into or out of the atmosphere. The brake isflown at a 17 degree angle of

attack relative to the base of the brake yielding an L/D of 0.275.

2.2.3.2 Revised Reference Configuration

Two successive design and analysis iterations were performed to establish a new

reference configuration shown in figure 2.2.3-2. The primary changes for the first

iteration include changing the structural design and updating the brake's RSI weights

based on a'thermal analysis.

Local brake hardshell stability, deflection and load distribution concerns resulted

in the abandonment of the 'egg shell' structural design concept for a cruciform keel

beam/bulkhead system. The cruciform concept uses keel beams and bulkheads to

stabilize the shell structure and distribute loads to the tanks and equipment. The keel

beams and bulkheads are deep webbed structures sized for deflection rather than

strength. Deflections are limited by strain compatibility between the shell and the RSl

tiles.

The primary changes for the second iteration include decreasing the tank sizing,

improving the structural definition, and changing to advanced engines. Using advanced

engines reduces the weight of the engines as well as the tank size due to improved

performance. Section 4.0 presents the engine trades in depth. Further structural

analysis resulted in an improved structural definition with a reduction in weight. This

weight decrease also caused the tank size to decrease.

Figure 2.2.3-3 shows the major elements of the updated reference configuration

and figure 2.2.3-4 shows a top level weight summary.

2.2.3.3 Trades and Analyses

The following trades and analyses were performed against the revised reference

configuration.

Angle of Attack. As discussed in section 6.0, an aeroguidance trade study was

performed for I0, 20, and 30 degree angles of attack to determine which resulted in the
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Figure 2.2.3-3 Shaped Brake 0 TV Major Elements
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least weight system. The trade favored i0 degrees. The configuration implications of

angle of attack for the shaped brake is the same as for the lifting brake and isdiscussed

in section 2.2.2.4. A 10 degree angle of attack was selected as a design requirement

based on this trade.

Tank Configurations. The reference configuration incurs weight, risk and cost

penalties due to the amount of required on-orbit assembly. Weight penalties include

interface points to ASE for transport, EVA or RMS handling fixtures, and EVA

mate/demate structural and electrical joints. The complexity of EVA Quality Assurance

and the limited resources available ifan error occurs increases the cost risk of a vehicle

which is extensively assembled on orbit. Cost increases include astronaut training, EVA

directly incurred costs, and increased checkout and leak detection required since major

components of the MPS have to be assembled. A four tank configuration incurs a weight

penalty relative to a three or two tank arrangement due to increased surface area which

needs to be insulated and protected from meteoroids and debris. This configuration also

incurs the burden of having to be extensively disassembled for return to earth if a

problem occurs which isnot space repairable.

As a means of mitigating these on orbit assembly associated penalties,

configuration concepts that have the tanks, propellant manifolds, avionics, EPS, RCS,

engine interfaces, and payload interface as one integral unit were investigated. Figure

2.2.3-5 shows the tank configuration options that were explored. These configurations

are the same as those investigated for the lifting brake OTV except for the brake itself;

however, the selected concept changes because of this difference as discussed below.

The evaluation principals presented in section 2.2.2.4 for the liftingbrake are also

applicable to the shaped brake options. To reiterate, the inert weight cg, reserve

propellent cg and payload cg positions need to fall along the angle of attack cg trim line

for a configuration to be viable. The desirability for the reserve propellant cg position

to fall along the trim line provides another reason for exploring alternative to the

reference configuration described above since it fails to have this characteristic. The

cg position is forward of the trim line due to the forward placement of the LO2 tank and

center LH2 tank and their forward inclination due to the angle of attack.

As previously mentioned, the shaped brake has a significant impact on the

preferred configuration. This is because the shaped brake's inert cg position is well

forward of the trim line. This forward cg can be balanced by locating the engines aft.

There are three advantages to this concept; (1) no brake removal is required for engine

access, (2) no nozzle doors are required in the hardshell, and (3) the engines can be
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brought to orbit integralwith the tankset. As for the liftingbrake concept, itsbrake cg

is along the center of the brake and cannot balance a set of engines located near the

edge of the brake. Therefore, the engines must be located under the tankset to achieve

an inert weight cg balance.

2.2.3.4 Final Baseline Configuration

Figure 2.2.3-6 shows our final space based _haped brake OTV. The vehicle is based

upon the results of the trades discussed above. Table 2.2.3-1 shows the key

configuration features of this vehicle.

Major Elements. The major components which are transported in the Orbiter bay

and are assembled on orbit are shown in figure 2.2.3-7. The brake is transported in

three sections. The center section is transported on one Shuttle flight while the two

side sections are transported overlapped on another shuttle flight. Removable jigs are

used to rotate the sides into position on the center section. This precludes premature

contact of the RSI. Shear cones are used to align the sections as they are rotated into

place. Structural fastener installation completes the assembly and the jigs are removed.

Brake Structural Configuration. The brake's basic form is derived from the initial

reference configuration described earlier. The brake has been scaled up in length and

down in width to form an elliptical base. The brake has been made elliptical to

accommodate the length of the tankset without increasing the area of the brake beyond

that required by a four tank updated reference configuration.

Figure 2.2.3-8 shows the brake's structural design. The brake is divided into three

12 foot sections as shown in section AA of the figure. The tankset is attached to the

brake keel beams located at the juncture of the sections via struts. Since the tankset is

the stiffest element of the assembly due to its high moment of inertia, it is used to

stiffen the brake. This eliminates the need for deep webbed keel beams and reduces the

brake weight. A composite sandwich shell is stiffened by a series of cross ribs. The

cross ribs are, in turn, stiffened by struts from the tankset. These struts allow the ribs

to be relatively light while still maintaining a brake stiffness compatible with the RSI

tile requirements. The net result of this design is a much lighter brake weight. Section

4.0 discusses this structural concept and the member sizing in depth.

Tankset. The tankset consists of the tanks, propellant manifolds, avionics, EPS,

RCS, engines, and brake and payload interfaces. A side view of our configuration is
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shown in figure 2.2.3-9. The brake is maintained at a I0 degree nominal angle of attack

during the aeromaneuver by offsetting the cg of the vehicle. The location of the LO2

tank and the LH2 tank near the engines is critical to achieving a constant cg offset.

These are the two tanks which stillhave propellant in them during the aeromaneuver.

Since over 1200 Ib of this propellant is reserves which may or may not be used on a

given flight, the cg of the propellent (always 1/7 the distance between the LO2 and the

LH2) must be located on the cg trim line. This is accomplished by designing the

cylindrical sections of the two LH2 tanks to properly place the LO2 tank between them.

From an inert cg standpoint, the forward cg of the brake helps offset the.aft cg of

the engines. The avionics location would be used to fine tune the cg position. The crew

module must be designed such that its eg is located on the trim line when it is on the

vehicle.

A hi-pod strut system interconnects the LO2 tank, the two LH2 tanks and the

cruciform engine support structure. The avionics, EPS radiators, RCS, payload inter-

faces, and meteoroid/debris protection are configured the same as for the lifting brake

OTV's final configuration. The primary structure which transfers the brake loads to the

return payload is shown in figure 2.2.3-8 section AA. Again, this structure is the same

configuration as that used in our liftingbrake OTV concept since the loading conditions

and load paths are similar.

Brake Sizing. Figure 2.2.3-10 shows how the brake size is constrained. The

heating lines are developed from TPS temperature limits. The other two lines show how

the brake length must increase to prevent wake heating of the tankset as the tankset

length increases due to increased propellant loading. Our configuration is sized by the

tank length required to do the manned sortie mission.

Weights. A weight summary for the shaped brake OTV configured for a manned

sortie mission is shown in figure 2.2.3-6. All subsystems are man-rated. Elements for

each subsystem are the same as defined for the ballute braked OTV. In this case, the

shaped brake primary and secondary structure including support structure is included in

structures weights. Rigid tile insulation on the face of the brake is included in thermal

control and protection.

Center of Gravity. Figure 2.2.3-II shows the cg movement for the 20k delivery

missions and 7.5k manned roundtrip mission. The "post burn number 2" cg position and

the "end of mission" cg position set the gimbal angle requirement of 34 degrees. This

80



D180-29108-2-3

k..

_a

o

81



I
0

D 180-29108-2-3

ILl UJ

I--
n-
O

I I I

_ 0 C_

uJ

z
Ill

v _

CO .

_4

o

82



O

D180-29108-2-3

0 z

N

o

83



D180-29108-2-3

angle provides 4 degrees of control authority if an engine were to fail. If the payload cg

position was offset more than the assumed amount (1/3 length of the payload), the

gimbal angle would increase further. The location of the engines for this configuration

imposes limits on the tolerable gimbal angle resulting in payload eg limitations which a

configuration like the lifting brake (engines below tankset) does not have.

Weight Trending. For the above ehronological history of shaped brake configura-

tions, figure 2.2.3-12 shows how the weights changed as the configurations changed.

Table 2.2.3-2 presents a breakdown of the weight changes.

2.3 PROPELLANT LOGISTICS SYSTEMS

This section describes the configuration effort to develop propellant logistics

systems necessary to support any of the SB OTV concepts. Propellant storage tanks are

located at the Space Station and tankers deliver propellant from the Earth launch

complex to the Station.

2.3.1 Propellant Storage Tanks

Figure 2.3.1-1 and figure 2.3.1-2 shows the LH2 and LO2 storage tanks,

respectively. The trades and analyses performed to establish the design and sizing of the

tanks are presented in section 3.0.

Both tanks share a common design and consist of a thin walled pressure vessel,

surrounded by two vapor cooled shields, surrounded by a structural shell which provides

meteoroid/debris protection. The shields and pressure vessel are supported by the shell

via straps to minimize heat eonduetion paths and; therefore, reduce boiloff. MLI

blankets are located between the shields to reduce radiant heat transfer and, again, to

reduce boiloff. Boiloff is a critical concern because of the long propellant storage time.

The pressure vessel is pressure stabilized with helium during transport to orbit.

Two ASE frames attach to the structural shell to transfer the tank loads to the Orbiter

and are used to support the tanks at the Space Station. The tanks are designed to be

launched independent of one another to allow multiple manifesting with heavier

payloads and to allow flexibility in their placement at the Station.

2.3.2 Propellant Delivery Tanker

To transport propellant to the Space Station in the Orbiter a tanker has been

configured and is shown in figure 2.3.2-1. Again, the trades and analyses which defined

the type of tanker desired are presented in section 3.0 and in volume II, book 4.
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The tanker consists of LH2 and LO2 isogrid tanks supported by two structural rings

via graphite/epoxy struts. Isogrid tanks are used to distribute the local strut loads into

the tank. Struts are used to minimize heat conduction and; therefore, propellant

boiloff. Surrounding each tank are MLI blankets and a purge enclosure. The purge

enclosure permits a helium purge of the system on the ground to avoid liquid nitrogen

from forming on the LH2 tank.

Helium bottles are located on the aft support ring and provide helium pressurant

for dumping the propellant during a launch abort condition.

Forward and aft structural support rings are located on either side of the LO2 tank

with the LH2 tank cantilevered from the forward ring. Since the forward ring also

supports the keel pin, this design locates the keel pin approximately at the cg of the

loaded tanker. This minimizes yaw coupling loads in the system and so reduces the

structural loads. Cantilevering the LH2 tank imposes little weight penalty because the

launch loads are predominately axial and landing always occurs with the tanks empty.

9O
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2.4 GROUND BASED OTV'S

This section discusses the configuration effort associated with OTV's launched

within the shuttle cargo bay (SCB)or aft cargo carrier (ACC). Unless noted, the

vehicles and their payloads or auxiliary propellant tanks are launched using an STS with

72k Ibm capability (study groundrule). As in the case of SB OTV's the discussion is

chronological in terms of configuration development.

2.4.1 Ground Based SCB Ballute Braked OTV

The GB SCB OTV concept consists of a main stage used on missions involving <_12k

Ibm GEO delivery or equivalent and an auxiliary propellant tankset for more demanding

missions.

2.4.1.1 Operational Description for Main Stage OTV

The ground based main stage OTV istransported to orbit in the Shuttle SCB fully

fueled with a payload attached. On orbit, the OTV and payload are deployed and the

OTV performs its mission. Upon return to LEO, the ballute is jettisoned and the OTV is

restowed in the PLB for return to the ground. On the ground, the OTV is refurbished

with a new ballute and is manifested for another mission.

2.4.1.2 InitialReference Configuration

Figure 2.4.1-1 shows our initial reference configuration and a top level weight

statement for the ground based ballute braked OTV. The configuration was based upon

the OTV Concept Definition Study NAS8-33532 (Ref. i). The OTV structure consists of

an LH2 and LO2 tank, an external shell, avionics/RCS ring, engine support beams, and

an aft shell for ballute support. Main propulsion isprovided by a single RL10-11B engine.

Attitude control is provided by a blow-down hydrazine system with four thruster

modules mounted on the avionics ring.

Design of the structural system for this vehicle is dominated by the attached

payload cantelevered loads during ascent and abort conditions and the LO2 oxidizer

loads during ascent. Propellant loads are not a structural driver for Orbiter abort

landing conditions because the propellant is dumped overboard for safety and to meet

Orbiter landing load restrictions. An exterior graphite/epoxy sandwich shell is used to

gather the payload and LO2 tank loads and distribute them to the Orbiter interface

trunnions and keel pins. The shell also provides meteoroid/debris protection for the

vehicle.
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Both the LH2 and LO2 tanks are made of 2219-T87 aluminum and have elliptical

domes. Elliptical domes are used to reduce the vehicle length in the Orbiter bay so a

reasonable payload length is available. The tanks are attached to the shell via

graphite/epoxy struts. Struts are used to minimize heat conduction to the tanks and,

thus, minimizes propellant boiloff losses.

The aerobrake is a 50 foot diameter, 60 degree half angle, 600 degree F backwall

temperature ballute. The ballute is jettisoned after each flight so the OTV can be

restowed in the Orbiter. To facilitate ballute installation on the ground, the aft dome

and conical structure attached to the engine support structure can be removed.

The avionics ring is a 30 inch deep octagonal aluminum structure which supports

the avionics, EPS, and RCS. An octagon was selected because its flat surfaces simplify

the design of the doors and avionic support structure. No space maintenance provisions

have been provided for the avionics. The avionics ring is located between the LO2 and

LH2 tanks rather than on the forward end to reduce vehicle length so payload length is

maximized.

2.4.1.3 Major Trades and Analyses

The same five top level trades and analyses that were presented for the space

based ballute braked OTV in section 2.2.1.2 are applicable to the ground based OTV.

These trades and analyses are; I) ballute sizing analysis, 2) systems module (avionics

ring) location trade, 3) tankage shape trade, 4) engine type and sizing trade, and 5)

reliabilityanalysis.

2.4.1.4 Revised Reference Configuration

Figure 2.4.1-2 shows the main stage OTV configuration with the above trade

results incorporated. A separation plane has been added to the vehicle to accommodate

ASE attachment and a 5 degree clearance angle for deployment has been provided.

2.4.1.5 Revised Reference Configuration Refinement

From this reference configuration further trades and analyses were conducted on

the ballute, RCS, avionics and EPS, and TPS. Again, these trades and analyses are the

same as those presented for the space based ballute braked OTV in section 2.2.1.4.

The avionics ring and the EPS radiator were changed to cylindrical shapes rather

than octagonal or facetted. Both of these items carry large primary loads during launch

on the ground based vehicle making it undesirable to disturb the load path from the

circular shells to a facetted shape.
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2.4.1.6 Baseline Main Stage OTV Configuration

Figure 2.4.1-3 shows our final baseline configuration for the ground based ballute

braked OTV. Key configuration features are shown in table 2.4.1-1. The OTV is sized

for payloads of 12000 pounds or less. The larger payloads in the mission model utilize an

auxiliary tankset to increase the performance capability of the vehicle. The configura-

tion of the auxiliary tankset and their vehicle implications are discussed in section 2.2.7.

BaUute. The vehicle utilizes a 33 foot diameter, 70 degree half angle cone ballute

with a 1500 degree backwall temperature for the aeromaneuver. When an auxiliary

tankset is utilized, the tankset changes the cg of the vehicle significantly and requires a

larger ballute size. The forward and aft attachment points are spaced apart over half

the radius of the 33 foot diameter ballute. The ASE interface to the vehicle precludes a

larger spacing which would be desirable for the larger ballutes used with the auxiliary

tankset.

Ballute inflation, control and jettison are accomplished using the same provisions

and procedures as the space based ballute braked vehicle. Ballute installation, of

course, isdone on the ground.

BaUute Sizing. The ballute diameter sizing constraints are shown in figure 2.4.1-4.

The manned sortie mission and low g GEO delivery mission are sized by the 5% static

stability margin as discussed for the space based ballute braked vehicle. The unmanned

multiple manifest mission corresponds to a 12k Ib or less payload mission and is sized by

the 1.5 turn-down limit. This limit is the smallest 70 degree ballute with a 63 inch

forward attachment radius that will have a turn down ratio of 1.5.

ASE. An ASE has been designed to collect the axial loads and transfer them to the

Orbiter, tilt the OTV out of the payload bay, and support the avionics, manifolding, and

helium bottles needed to interface the OTV with the Orbiter. The helium bottles

provide pressurant for dumping the OTV propellents in 300 seconds for launch abort.

The ASE attaches to the OTV via a series of mechanical latches. A five degree

clearance angle has been provided between the ASE and the vehicle to accommodate

deployment.

Figure 2.4.1-5 shows how the OTV is installed in and deployed from the Orbiter

bay. The forward trunnion on the ASE transfers the 113K Ib x axial loads to the orbiter.

The placement of the vehicle is, therefore, constrained by the locations of 120 kip x

95



D 180-29108-2-3

>
I-
o

96



D180-29108-2-3

I,-.
c_

c_

"_,

,4

• • • • • • • @ • @

>

).-
o

97



D180-2_108-2-3

o

I

98



D180-29108-2-3

ttl

<_

<_

z

_X _ _ _

(3

_b

0

L_

0

99



D180-29108-2-3

load capability PRLAs (payload retention latch assembly) and the rotation clearance

required by the ASE. A payload length of 25 feet can be accommodated. The vehicle is

rotated 45 degrees for deployment via an aft tilt mechanism and isspring deployed after

checkout.

An important part of the ASE necessary to launch a payload is the government-

furnished portion, or that which is supplied by the launch vehicle that is charged to the

payload weight. Generally, this includes fluid kits, electrical kits, wiring, and support

fittings that are not normally manifested on the shuttle, but are necessary for

integration of the payload in the shuttle.

In the case of the ground-based OTV, this support equipment must be provided for

both the launch and return of the stage and payload. The weights for both the

government and contractor furnished ASE are shown in table 2.4.1-2. The common

government-furnished equipment is equipment that is common to most payloads loaded

in the shuttle, and includes a Standard Mix Cabling Harness (SMCH), mid payload bay

wiring harnesses, closed circuit TV, utility kits, and a 675 ib allowance for bridge and

keel fittings that is part of the normal shuttle manifest. Payload-specific equipment

includes longeron and keel bridge fittings,latches, and guides, as well as pressurization

and vent kits, additional payload handling aids (extra RMS, MMU), and contractor-

furnished structures. Weights for the standard longeron and keel bridge fittings,

latches, and guides, as well as cabling and propellant handling kits, are per the February

25, 1985 Shuttle Systems Weight and Performance book, JSC-09095-79.

Weights. A weight summary is presented in figure 2.4.1-6 for a 10 klb multiple

manifest mission with a 1 klb payload rack. Included in structure weights are body shell

and stiffening ring structures, thrust structure, equipment support structures, tankage,

as well as ballute primary and secondary structures. Included also are all ballute and

heat shield support structures. Propulsion systems include both main propulsion and

reaction control system weights. Thermal control and protection includes tank insula-

tion, active thermal control, as well as ballute and body insulation for thermal

protection during thermomaneuver. Other systems are as shown. Space maintenance

provisions are not applicable on a ground based vehicle. Weight growth includes 5% of

all existing hardware and 15% on all other hardware.

Center of Gravity. One important step in validating a ground based shuttle

launched configuration is checking the compatibility of the proposed payload/vehicle

combination with the shuttle payload bay cg envelope. The possible payload/vehicle
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launch options are; 1) OTV with multi-manifest rack and payloads (33 foot ballute) or, 2)

OTV only but configured for use with an auxiliary tankset (42 or 66 foot ballutes).

Figure 2.4.1-7 shows the launch, abort, and landing cg locations for these options

assuming all propellants are dumped prior to abort landing.

Weight Trending. For the above chronological history of ground based ballute

braked configurations, figure 2.4.1-8 shows how the weights changed as the configura-

tions changed. Table 2.4.1-3 presents a breakdown of the weight changes.

2.4.1.7 Auxiliary Tankset Configuration and Impact

Auxiliary propellant tanks (tankset) are used on those missions requiring propellant

requirements exceeding the lift-off capability of the Space Shuttle.

2.4.1.7.1 Operation Description

When an auxiliary tankset is used with the OTV, the auxiliary tankset and payload

are transported to the Space Station on one flight and the OTV is delivered on another

flight. At the Station the tankset/payload is integrated to the OTV and the system is

launched on its mission. After completion of its mission the OTV/tankset returns to the

Station and are restowed in the Shuttle for return to the ground.

2.4.1.7.2 Baseline Configuration for Ground Based OTV Application

Figure 2.4.1-9 shows the auxiliary tankset configured for use with our final

configuration ground based OTV described in section 2.4.1.6. The tankset extends the

nominal performance capability of the OTV from 12 k-lb to 20 k-lb payload and also

provides the capability to perform the manned sortie mission.

Tankset. The design of the tankset is similar to the OTV itself. A graphite/epoxy

sandwich shell is used to transmit the payload and tank loads to the ASE. The tanks

themselves are supported by graphite/epoxy tubes to minimize boiloff losses. External

insulation protects the tankset from wake impingement and ballute radiation heating.

The payload and ASE structural interfaces are the same as the OTV; however, the

tankset also has the interface needed to mate it with the OTV. Electrical and fluid

umbilical interfaces for both the ASE and OTV are also provided.

ASE. Rather than using the OTV's ASE, the auxiliary tankset has been designed

with its own ASE so itcan be located further aft in the Orbiter bay. A payload length
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of 35 feet can be accommodated with this design. Deployment of the tankset is via the

RMS rather than rotating the ASE. This was selected to maximize payload length. The

ASE performs the same propellant fill/drain/dump and health monitoring functions as

the OTV ASE.

The ASE has two trunnions which transfer X and Z loads to the Orbiter. We have

assumed that the payload has a set of trunnions to carry Z loads so it does not have to

be cantelevered from the tankset. There is a keel pin both on the ASE and on the

tankset. The keel pin on the ASE provides a statically stable system when the ASE is

returned to the ground after delivery of the tankset. This keel pin reaches forward from

the ASE body to the Orbiter's most aft keel pin position. The pin support beam is

relatively flexible compared to the tankset shell, and so, does not transmit primary yaw

loads. Primary yaw loads are transmitted to the Orbiter via the keel pin on the tankset.

The keel pin is located to avoid exceeding the Orbiter's X load carrying capability for

the ASE's trunnions due to axial loads and yaw coupling loads. A payload cg position one

half the payload length was used to determine this location.

Impact on BaUute Sizing. Three different aeromaneuver configurations are

possible when using auxiliary tanksets; (i)the OTV alone goes through the aeromaneuver

after a 12 klb delivery mission, (2) the OTV plus tankset after a 12-20 klb delivery

mission, or (3) the OTV, tankset and crew module goes through the aeromaneuver. Each

of these configurations have different weights and cg positions and; therefore, require

different ballute sizes. Figure 2.4.1-10 shows the three configuration options and their

corresponding ballutes. The 66 foot ballute ensures no wake impingement heating of the

return payload; however, the wake heating boundary for the 42 foot diameter ballute

intersects the auxiliary tankset. The tankset is insulated externally with AFRSI to

preclude overheating the structure.

Figure 2.4.1-5 showed the ballute sizing criteria for each of these configurations.

Weights. Figure 2.4.1-11 presents a weight summary for a 7.5 klb return payload

manned sortie mission involving the main stage and auxiliary tank. Included in the

weights are increases in avionics, electrical power and propulsion systems to man-rate

the vehicle, as well as increased ballute and TPS weights reflecting a 66 foot ballute.

All other OTV elements are the same as the ground based OTV multi-manifest stage

elements. The auxiliary tankset structures includes body shell, support rings, tankage

and tankage support. Thermal control includes tank insulation. Propulsion system

includes all manifolds and manifold interfaces. Data handling and electrical power
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subsystems include wiring, data bus, and interfaces between the OTV and payload, as

well as propellant usage monitoring instrumentation.

Center of Gravity. Figure 2.4.1-12 shows the launch, abort, and landing cg

locations in the Orbiter bay for the tankset with a 20 klb payload and the tankset alone.

Although the auxiliary tankset only condition exceeds the aft cg envelope, multiple

manifesting with additional payloads to fully utilize the payload bay would correct this

problem. Abort conditions reflect complete dumping of propellants prior to abort.

2.4.1.7.3 Alternate Configurations

Several alternate auxiliary tankset designs were configured for the system level

trades discussed in Volume Ill. The major options are shown in figure 2.4.1-13. The

integral tankset concept with 4 tanks provides a lower cg location for small propellant

loads because it is a shorter stage than a two tank system. However, as the propellant

load increases the weight penalty for using cylindrical tanks increases. For ballute

braked vehicles and for the propellant loads considered the weight penalty more than

offsets the length benefit so the two tankset configuration provides a lower

OTV/tankset cg location.

The jettisonable concept shown provides better performance than an integral

concept but imposes the complexities of staging and disposal of the tanks.

The integral 4 tank arrangement was initially selected to conduct system level

trades. The final auxiliary tankset made use of 2 tanks because of better performance

characteristics.

2.4.1.8 Configuration for 65k STS

During the first part of the follow-on work to the Phase A OTV study, the

sensitivity of the OTV systems to the launch capability of the shuttle was studied. For

this analysis, a down-sized version of the ground-based OTV was studied, for launch in a

shuttle with 65,000 Ib payload capability. This configuration isshown in figure 2.4.1-14.

All of the major subsystems on this vehicle are similar to those on the larger GB OTV,

as well as design groundrules and features. The ballute sizing groundrules are also the

same. The smallest ballute, 33 ft diameter, is sized by turn-down ratio criterion, and is

used on the single stage delivery missions. The next size is 36 ft diameter, sized by a

wake impingement criterion, and is used when the small auxiliary tankset is returned.

When a large auxiliary tankset is used, a 43 ft diameter ballute is required for minimum

wake impingement on the tankset. When a crew module is returned with the large
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auxiliary tankset, a 67 ft diameter ballute is required for aerostability. Summary

weights of this smaller vehicle as applied to various missions, are shown in table 2.4.1-4.

2.4.2 Ground-Based ACC Lifting Brake OTV

This section describes the operation and configuration of the ground-based aft

cargo carrier (ACC) OTV. This concept involves use of a main stage and auxiliary

propellant tank.

2.4.2.1 Operational Description

The ground-based ACC OTV main stage is launched in the aft cargo carrier. For

missions involving 5_8.4k Ibm, the payload is launched in the Shuttle Orbiter cargo bay.

On orbit, the OTV and payload are mated, and the mission is performed similar to other

ground-based OTV concepts. Upon return to LEO, the OTV jettisons the lifting brake,

then isdisassembled and stowed in the orbiter for the return to ground. On the gt'ound,

the OTV isrefurbished and reassembled, then integrated into the ET ACC for re-launch.

For payloads <_8.4k Ibm, an auxiliary propellant tank is required and is launched along

with payload in the Orbiter cargo bay. Again, on-orbit assembly of the main stage and

auxiliary tank/payload are required.

2.4.2.2 InitialReference Configuration

The initialreference ground-based ACC OTV main stage configuration is shown in

figure 2.4.2-1. The OTV structure consists of two fuel tanks and two oxidizer tanks, a

central body truss structure, a forward support structure for avionics and electrical

power systems, and an aft structure for engine mounting and aerobrake support. The

portions of the forward and aft structures that support the LH2 tanks are collapsible to

permit stowage in the orbiter payload bay. Avionics and electrical power components

are supported by a rectangular composite structure with aluminum mounting doors,

located at the forward end of the vehicle. Other body structures include disassembly

provisions, payload interface latching provisions, and forward-mounted service

connector panels for fluids, gases, and electrical power.

The tanks containing the liquid oxygen and hydrogen are all-welded 2219-T87

aluminum pressure vessels. Each tank has spherical heads, and is supported at the ends

by conic ring structures. Each tank also has an internal support rod for transferring

axial loads. Because of the disassembly requirement, the LH2 tanks and supports are

equipped with latch fittings for easier tank removal. The fittings on the tanks serve

also as the attach fittings for stowage of the tanks in the ASE for return to the ground.
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Quick disconnect interfaces are also provided for this operation for the fuel and

pressurization lines.

Meteoroid/debris shielding is provided by a double wall shielding around each

propellant tank. A 0.006 in outer wall is located 6.0 inches from a 0.01 in backwall

around each tank. This arrangement poses a significant problem in handling the main

tanks, however, especially in disassembly and stowage on-orbit.

Main propulsion is provided by a single RL10-IIB LO2/LH2 engine, and attitude

control is provided by a blow-down hydrazine system, with four thruster modules

mounted on deployable support arms. All propellant feed systems are similar to those of

the SCB ground-based OTV, except for extra disconnects required for removal of the

LH2 tanks for stowage in the orbiter. Pressurization of the tanks is accomplished using

an autogenous pressurization system similar to that of the SCB ground-based OTV

system. Thrust vector control is also similar. The RCS thruster support arms must be

collapsible in order to stow the OTV back in the orbiter cargo bay. RCS tankage,

thrusters, and other hardware is similar to that on other OTVs.

The aerobrake is a 40 foot diameter symmetric lifting brake, with a 12 foot

diameter central rigid heat shield, and a deployable fabric-membrane/composite-rib

structure as the rest of the brake. The fabric membrane is of KEVLAR cloth, since the

fabric temperature is limited to 600 degrees F (due to radiative heating from the

backwall to the vehicle). The sixteen brake ribs are of graphite/polyimide composite

structure, and are tailored to minimize deflections under aeromaneuver loading

conditions. The brake design is similar to that of the space-based lifting brake,

including the design of the central heat shield over the main engine. In this case,

however, the shield has only one engine door.

Thermal protection of the lifting brake is similar to that of the space-based lifting

brake OTV. It consists of an integrally woven NICALON cloth/Q-felt quilt attached to

the brake fabric membrane, and rigid tile thermal protection bonded to the central heat

shield.

Avionics and electrical power systems on the GB ACC OTV are similar to those on

the SCB vehicle.

A summary weight statement for this configuration is given in table 2.4.2-1.

Airborne support equipment includes those structures and interfaces necessary to

support the ACC OTV in the ACC for launch, as well as that equipment necessary to

support the vehicle disassembled in the orbiter bay for return to earth. For launch, the

ASE consists of a double cruciform beam structure at the aft end of the ET. Interfaces

include electrical, data, and fluids, and equipment is provided on the ASE for backup
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electrical power and control, and subsystem status monitoring. For return in the shuttle

cargo bay, the equipment support structure serves as the primary support structure,

with ASE cradles to be attached at both ends to secure the vehicle main segment and to

support the hydrogen tanks. This arrangement isshown in figure 2.4.2-2. Pressurization

tanks are also provided for pressurization of the tanks prior to return to the ground.

These return ASE structures must be launched in the shuttle and therefore degrade the

overall performance of this concept.

2.4.2.3 Baseline Main Stage Configuration

Two factors influenced the need to update the ACC vehicle configuration. These

included the use of two advanced engines in the configuration, and the use of a

stretched dedicated version of the ACC shroud. Two engines were incorporated due to

cost optimum redundancy results as well as man-rating needs. The cylindrical section of

the shroud was allowed to be 42 inches longer than that shown on the original

configuration, allowing more length for the OTV based on studies performed by Martin

Marietta. Because of this, the thrust structure was moved aft, resulting in a decreased

engine gimbal angle for engine-out capability. This also allowed the thrust structure

and engines to be included with the aerobrake central heat shield and support in a

removable module that can be returned inthe shuttle following the OTV mission.

The resulting baseline configuration for the ACC OTV is shown in figure 2.4.2-3.

The stage is designed for a maximum propellant capacity of 43,000 Ib LO2/LH2, and is

able to deliver 8400 Ib to GEO. In order to perform the larger mission requirements, an

auxiliary tankset is added to the vehicle.

Lifting Brake. The lifting brake for the final ACC OTV configuration is a 42 ft

diameter deployable flexible brake. The brake is sized to satisfy the criteria of no wake

impingement on the vehicle, and also is the largest that can be easily stowed in the

available space in the ACC. A 14.5 ft diameter rigid shell forms the center of the brake

and is reusable. Doors are located in the dome for engine nozzle deployment. Twenty-

four, rather than sixteen, ribs attach to a ring on the dome and support the fabric TPS

portion of the brake. The ribs are supported by twenty-four spring-loaded lock-struts

which transfer aero loads into a major ring at the vehicle mid-body. These ribs, along

with the support rings, struts, and flexible TPS, are expended after each flight, and

cannot be returned in the shuttle cargo bay. Other features of this lifting brake are

similar to those of the updated SB symmetric lifting brake configuration.
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Airborne Support Equipment. The support equipment necessary to support the

OTV in the ACC for launch is similar to that in the initial reference configuration. For

return to earth, however, the OTV is now disassembled into four parts: the core module,

with the central truss structure and LO2 tanks; the two LH2 tanks; and the engine/heat

shield module. The core module and the LH2 tanks have support structure built in, and

can be attached directly to the shuttle longeron fittings. The engine module must have

an ASE cradle for support. That same cradle, however, can be used to transport purge

and pressurization Helium, as well as instrumentation for vehicle monitoring for the

return trip. The arrangen_ent of the disassembled OTV in the shuttle bay is shown in

figure 2.4.2-4. Weights for the launch and return ASE, including government and

contractor furnished ASE, are shown in table 2.4.2-2. The weight of the ACC shroud is

actually an equivalent weight to orbit, since it is jettisoned before ET burnout.

Weights. A detail weight summary for this vehicle is given in table 2.4.2-3, and

summary weights for various mission types are given in table 2.4.2-4.

2.4.2.4 Alternate Configuration

Disassembly of the ACC OTV and stowage in the cargo bay for earth return is a

major concern. An alternate approach to the updated configuration simplifies these

operations through use of a different tank arrangement. This design incorporates a

single large spherical LH2 tank and four small spherical LO2 tanks, as shown in figure

2.4.2-7. This configuration is sized for the same propellant loading as the updated

configuration, and is only about 300 lb heavier. Whereas the reference configuration,

when disassembled, takes up the entire shuttle payload bay, this configuration only fills

half of the shuttle bay, as shown in figure 2.4.2-8. This is accomplished by rotating the

LO2 tanks forward so that the vehicle can be returned in one piece, rather than four. A

weight summary is shown for this vehicle for various missions in table 2.4.2-5.

The LCC comparison of configuration No. 104 indicated it to be about $1.2 B less

than concept 107, however, still more than the SCB GB OTV.

2.4.2.5 Baseline Auxiliary Tankset Configuration

Figure 2.4.2-5 and 2.4.2-6 show small and large auxiliary tanksets to be used with

the baseline ACC mainstage to perform missions exceeding the capability of only the

main stage. These tanksets are similar to those described for the SCB OTV in that they

are launched in the shuttle cargo bay with the payload attached, then integrated with

the main stage on-orbit.
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The small tankset is designed to extend the performance capability of the ACC

OTV from 8.4 klbm. GEO delivery to 12-klbm GEO delivery. This tankset has four

cylindrical tanks with 13.8 klbm total propellant capacity, supported in a GR/EP

cylindrical shell. Propellant interfaces to the main stage are located at the perimeter of

the 170 inch diameter interface ring, with L02 and LH2 lines on opposite sides of the

ring.

The large tankset extends the performance capability to 20 klb GEO delivery or

7.5 klb GEO roundtrip. This tankset has two 0.707 elliptical dome tanks with 30.8k ib

propellant capacity. These tanks are also strut-supported within a GR/EP cylindrical

shell. Propellant interfaces are similar to those of the small tankset.

2.2.2.6 Configuration Impact for 65K STS

The sensitivity of the ACC OTV system to a 65,000 Ib shuttle launch capability

was studied in the follow-on portion of the OTV study. The configuration used for this

analysis was the same as used for the 72,000 Ib lift capability shuttle, which was sized

to the maximum envelope of the ACC. This vehicle was shown offloaded to 38,810 ib

propellant, with 65,000 Ib shuttle lift capability. With this condition, the optimized

payload that could be delivered to GEO was reduced to 5300 lb. The summary weights

for this configuration are shown in the firstcolumn of table 2.4.2-4. No further changes

to the stage configuration were made for this sensitivity.
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3.0 STRUCTURES

The focus of the structures effort has included selection of the most efficient

structural concepts, use of proper materials, propellant tankage design and

meteoroid/space debris protection for those tanks.

3.1 STRUCTURAL REQUIREMENTS

3.1.1 Key Design Requirements

Structural design requirements for the OTV studies have been taken from

applicable sections from References 8 through 13.

References 8, 9 and 10 were used as a composite structural design criteria for all

OTV structural systems. Reference 8 was used for all space operations remote from the

orbiter. Reference 9 was used to define interfaces and load factors while in the orbiter

and i0 was used for the remaining structural requirements applicable to operation in the

orbiter. References ii, 12 and 13 were used to define meteoroid and space debris

environments at the space station and at GEO.

3.1.2 Main Tankage Design Requirements

OTV propellant tankage structural requirements are summarized in Table 3.1.2-1.

In addition to these requirements, an additional requirement for "no explosive rupture in

a meteoroid/debris environment" has been applied to any propellant tankage exposed in

proximity to manned operations. This is a more severe criteria than the "leak before

rupture" criteria and is applied because of the possible catastrophic effect of explosive

rupture of a pressure vessel in proximity to manned operations. Explosive rupture is an

area of particular concern and will need to be better understood as space transportation

technology matures. It isdiscussed in more detail in Section 3.2.2.

Main propellant tankage associated with the OTV can be classed in three distinct

functions, including vehicle main propulsion tankage, propellant transfer tankage, and

on-orbit propellant tankage. Design operating conditions for the three tankage

functions are given in Table 3.1.2-2.

3.1.3 Body Structure Loading Conditions

The development of body structure preliminary loads considers the following

mission scenarios: a reusable delivery mission to GEO with a ii,000 ib multiple
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manifest payload including a 1,000 Ib payload rack, a reusable delivery mission to GEO

with a 20,000 Ib payload, and a reusable manned sortie mission to GEO with a 7,500 Ib

up/7,500 Ib return payload. Load factors considered for orbiter liftoff, landing, and

boost are per JSC 007700, Vol. XIV. Other loading conditions considered include OTV

main engine initial burn, and aeromaneuver, with combined limit load factors of 0.25

and 3.0, respectively. For ground-based vehicle body structures, the governing condition

is orbiter liftoff. For space-based vehicle body structure the governing condition is

aeromaneuver with a 7,500 Ib return payload. For all aerobrake structures, the

governing condition isaeromaneuver.

For all body primary structure, an ultimate factor of safety of 1.5 was assumed.

3.1.4 Meteoroid/Debris Design Requirements

A major consideration in design of reusable space vehicles, and in particular,

reusable cyclic pressure vessels, is to ensure protection against meteoroids and man-

made debris particles in the space environment.

The meteoroid/space debris environments used in our analyses are shown in figure

3.1.4-1.

The meteoroids environments/flux reflected in our design and analysis correspond

to those shown in figure 2-13 from NASA TM 82478 as cited in NASA TM 82585 per

phase [ Groundrules References No. 9. The debris flux was taken from JSC-20001 for

500 km altitude.

Minimum meteoroid/debris survival probability goals and design exposure times

employed in this study are shown in Table 3.1.4-I. The minimum survival probabilities

listed for the three distinctly different tankage classifications were selected to be

compatible with the associated systems requirements. The goal of 0.999 per mission is

essential for vehicle tankage to permit the vehicle to realize an overall probability of

0.995 for mission completion. The overall probability of 0.995 for vehicle reliability per

mission was the result of cost optimization analysis. The design goals for the tanker and

storage tanks were somewhat arbitrarily selected as being less critical than that

required by the vehicle tankage.

The design exposure times shown are indicative of a manned sortie mission for the

vehicle tankage, assuming storage in a hangar between missions at LEO, a propellant

delivery to LEO for the transfer tankage, and a long-term stay at LEO for the storage

tankage.
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3.2 STRUCTURES DESIGN APPROACH

3.2.1 Main Tankage Design Approach

The tanks containing liquid hydrogen and liquid oxygen are all-welded 2219-T87

aluminum pressure vessels. They are designed by room temperature pneumostatic proof

test conditions corresponding to critical flight conditions and to desired critical crack

length capability at operating stress. This is to assure the mission service life

requirement with low probability of leakage subsequent to a successful proof test and

leakage check. For ground-based systems, the tanks are designed using "best fit"

fracture mechanics design data, whereas for space-based systems, more conservative

"lower boundary" data is used.

Figure 3.2.1-1 shows critical crack length versus operating stress for 2219-T87

aluminum tankage. This curve was developed from data for the indicated alloy at liquid

nitrogen temperature from NASA CR-135369, "Analysis and Tests of Deep Flaws in Thin

Sheets of Aluminum and Titanium", R. W. Finger, April 1978. Indicated on this plot are

three companion sets of operating stresses with associated proof test approaches for

cryogenic propellant tanks. The higher set of operating stresses correspond to the

lightest weight tanks which could be obtained from 2219 by demonstrating the required

residual fatigue life by conducting the required proof tests at the usage temperatures

for the individual tanks. The corresponding critical flaw size is approximately 2.5

inches. Tanks designed to these stress levels would be expected to fatigue to leak or

rupture if damaged even slightly following proof test. Also they could not be repaired if

damaged in manufacturing or in service.

Furthermore, the associated damage tolerance is not adequate for large

pressurized tanks spending their life in close prominity to the space station. The mid

range indicated stress levels would permit conducting the required proof tests at room

temperature with associated increases in damage tolerance and fatigue life. The lower

indicated stress level is half the room temperature yield stress which would permit

conducting a room temperature proof test of 2 x MEOP and would result in a critical

crack length of approximately 8 inches. Fracture mechanics analysis shows that tanks

designed to this stress level would require approximately 5,000 full pressure cycles to

grow a 1/2 inch thru crack to rupture. Since a 1/2 inch thru crack would cause leaking

and loss of pressure, it might appear that this statistic is meaningless. However, what it

does mean is that a simple on-orbit mechanical repair could be made to the tanks

following a reasonable sized penetration and that it would still have the residual fatigue
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life to complete its required service life. The resultant damage tolerance and safety

requirements for tankage in proximity to the space station would require further

individual assessment.

Due to the nature of 2219-T87 aluminum, room temperature proof-testing is

recommended, giving the tanks an inherent factor of safety due to improved strength

characteristics at operating temperature. This will be discussed further for specific

vehicle configurations.

3.2.2 Body Structures Design Approach

Body structure design efforts included material selection for reusable OTV

systems, as well as loads and structural sizing analysis. Consistent with a lightweight

design approach, maximum use was made of advanced composites, including

Graphite/Epoxy and Graphite/Polyimide for body and aerobrake structures.

Loads and structural sizing analysis was based on determination of the following:

a. Launch loads

bo

1. Fully fueled or empty.

2. Payload or no payload.

3. Orbiter or aft cargo carrier.

4. Forward and aft ASE loads.

Main engine burn

1. Propellant loading.

2. Payload.

Aerobrake

1. Return payload.

2. Angle of attack.

3. Thermal environment.

Co

In general, static load analysis was the basis of structural sizing, with

consideration for obvious dynamic load contributions. Specific structural sizings and

descriptions for each vehicle are given under vehicle structures analysis Section # 3.3.

3.2.3 Meteoroids/Debris Shield Design Approach

A study of past analysis on the subject of meteoroid and debris protection, as well

as recent developments in protection design philosophy, indicates the following major

issues:

a. Implications of a combined meteoroid/debris environment.
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Do

C.

do

Implications of meteoroid/debris shield failure.

Implications of allowing the pressure vessel wall to contribute to meteoroid/

debris shielding- including the effect on service life.

Optimum meteoroid/debris protection design, including shield standoff, and

use of alternate materials, such as MLI and GR/EP honeycomb sandwich.

Major trades and analyses were conducted to address these issues. A description

of the protection analysis tool and summaries of the analyses performed are detailed in

the following paragraphs. Table 3.2.3-I summarizes unresolved issues and identifies

work that needs to be accomplished to support these resolutions.

Analytical Method. We have conducted our meteoroid/debris protection analysis

using a computer code "BUMPER" which was updated specifically to support our Space

Station Common Module proposal effort. This code indicates shielding requirements.

which are less than those reported in the Future Orbital Transfer Vehicle Technology

Study (NASA Contractor Report 3536). However, it does appear to be in reasonable

agreement with other published analysis methods. Key features of the code are

identified in Table 3.2.3-2. Input required by this code includes wetted surface area,

time, standoff distance, shield thickness and backwall thickness, on an equivalent mass

basis. Output from the code is the probability of no penetration through the given shield

and backwall combination. The organization which maintains this code recently

obtained a contract from JSC to conduct additional impact tests and analysis. Results

from their efforts will be incorporated inthe code as they become available.

Combined Meteoroid]Debris Environment. The difference in protection require-

ments at GEO versus those at LEO is illustrated in figure 3.2.3-I. This plot was

prepared using the "BUMPER" code for a range of surface area-time values.

Note that the combined thickness range begins at 0.040 inches. Much smaller

combined thicknesses will provide predictable protection. However, realistic minimum

shield and backwall thicknesses can not be represented by extending this particular plot.

Once either thickness reaches minimum gage the thickness ratio can no longer be

maintained. Therefore an extension of this plot to lower combined thicknesses would

give unconservative or meaningless results. A different type of plot or analysis is

needed when working in the minimum gage range, with varying shield to backwall

thickness ratios or with varying standoff distances.
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Thus, for the purpose of comparison, using the plot in figure 3.2.3-1, and given a

surface area of 20,000 ft2, a probability of no penetration of .9999, and stays at LEO

and GEO for 0.5 days and 18 days, respectively, the design shielding thickness for the

LEO stay would be about 0.09 in, as compared to about 0.056 in for the GEO stay.

Thus, the short time in the debris environment at LEO is more critical.

Meteoroid/Debris Shield Failure. Table 3.2.3-3 presents a qualitative analysis of

varying degrees of meteoroid/debris shield failure. Prior investigators have spent a

considerable amount of effort in assessing meteoroid/space debris environments and

developing shielding penetration analysis tools. However, relatively little effort has

been spent assessing the phenomenon of explosive rupture of pressurized tanks. Under-

standing probable damage mechanics, cause and consequences of potential explosive

rupture and establishing a realistic criteria for "no explosive rupture" needs to be

addressed in greater depth and may prove to be one of the most important activities

related to space based tankage structural design.

Figure 3.2.3-2 addresses the issues which lead to a selection of criteria dealing

with meteoroid/debris induced explosive rupture of large pressurized tanks. If the

pressure shell is penetrated by the debris from an impact on the outer shield, and the

diameter of that penetration area is greater than the critical crack length of the tank,

explosive rupture of the tank could occur. This is most critical for transfer tankage and

storage tankage, which are exposed to impact in close proximity to manned structures

over extended periods of time.

Pressure Vessel Impact/Penetration. A review of prior work on meteoroid/debris

shielding indicates as a major issue the allowance for pressure vessel impact or

penetration. In allowing pressure vessel impact, the pressure vessel effectively becomes

part of the meteoroid/debris shielding. A previous NASA criteria for non-cycled tanks

(NASA SP-8042, May 1970) allowed penetration up to 25% of the wall thickness. The

FOTV study (NAS1-16088, May 1982) stated the position of allowing no damage to the

pressure vessel for cyclic tanks as a conservative criteria, due to insufficient data on

remaining service life of debris-damaged tanks.

Analysis of this issue requires consideration of the following factors:

a.

b.

C.

d.

Pressure vessel operating stress.

Critical crack length or flaw size.

Probability of no tank impact.

Probabil!ty of no tank penetration.
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e.

f.

g.

Probabilityof no explosive rupture.

Residual service life.

Combined weight.

A qualitative analysis of this issue is presented in Table 3.2.3-4. Quantitative

analyses for each type of tankage considered are given in the vehicle-related sections.

Conclusions based on the analysisare presented in Table 3.2.3-5.

Meteoroid/Debris Protection Design. Meteoroid/debris protection design is based

on two factors: shielding requirement and structural requirement. Each vehicle or

tankage set has specific design requirements for primary structure and thermal control.

In some cases, this primary structure or thermal control structure can contribute to

meteoroid/debris protection.

Because of the lack of conclusive studies into the effect of alternate materials for

meteoroid/debris protection, materials such as MLI and graphite/epoxy honeycomb

sandwich were included on an equivalent mass basis as input to the "BUMPER" code.

The use of these materials is discussed further for each vehicle type.

Meteoroid/debris shield outer wall thickness and stand-off distance are generally

determined as a function of expected impact particle diameter and velocity. For

separate shielding, shield-to-backwall thickness ratio is approximately 1:3. This is not

true when either wall reaches minimum gage. The selection of 0.016 inch minimum

thickness is based upon manufacturing and handling experience and extrapolation of

those experiences to space. Greater attention to this problem might result in some

reduction in the barrier gage but the reduction would be much less than 100% efficient

in terms of weight reduction.
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Table 3.2.34 Qualitative Analysis of Separate vs. Integral

Separate
Protection

(Do Not Allow Tank Impact)

Integral
Protection

(Allow Tank Impact)

Pressure

Vessel Operating
Stress

_: Tank Wall Sized
for R.T. Proof Test, Based

on Service Life Req't.

Low: Tank Wall Sized

for R.T. Proof Test, Based
on "No Explosive Rupture"

Criterion.

Critical
Crack

Length

Less Than 2.0 Times
Shield Stand-off

Distance

Equals 2.0 Times
Stand-off Distance

Probability
of No

Tank Impact

High, Due to Separate Lower, Due to Allowing
Shielding Tank Impact

(Some Particles May Hit Tank Wall in Both Cases)

Probability
of No

Tank Penetration

High, Due to Separate Lower Than Separate,
Shielding But Still High

(Some Particles May Penetrate Tank in Both Cases)

Probability
of No

Explosive Rupture

Lower: High Percentage
of Particles That Penetrate

Could Cause Explosive Rupture

High: Tank Wall Sized
for "No Explosive Rupture"

Criterion

Residual
Service Life

Good, Unless Tank

isImpacted - Then
Unknown

Very Good - Lower Stress
Allows Longer Life, Even

if Penetrated.

Combined

Weight
(Shield & Tank Wall)

High- Requires
Additional Support

Structure

Lower Than Separate
Protection
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3.3 VEHICLE STRUCTURAL ANALYSES

The major structuralelements in the orbitaltransfer vehicles are as follows:

a.

b.

C.

d.

e.

f.

g.

h.

i.

Aerobrake,

Thrust Structure,

Equipment Support Section,

Propellant Tanks,

Support Struts/Body Structure,

Rings Integral with Tanks,

Payload Interface,

Thermal/Handling/Meteoroid/Debris Protection,

ASE.

Trades and analyses completed for each of the OTV concepts are detailed in the

following paragraphs.

3.3.1 SB Ballute-Braked OTV

The space-based ballutebraked vehicleconcept isshown in figure3.3.1-i.

Aerobrake. For this concept, a 50 ft diameter, high temperature fabric, lobed

ballute is the aerobrake device. Because of high-temperature strength capability,

Nextel was chosen as the ballute structural fabric material.

In support of the Aeroassist Flight Experiment (AFE) effort, Goodyear has per-

formed fabric assembly detail design on a 25 ft diameter ballute operating at a

maximum of 20 PSF. For OTV, a direct scale-up to 50 ft diameter was initially

considered. However, because of the combination of small loads in the fabric membrane

and meridians, and large fabric surface area (both byproducts of the "highly lobed"

structural concept), a change to a modified scale-up having a variable stress structural

concept was undertaken. The result is a "moderately lobed" ballute with 10% less fabric

surface area. Key features of the three designs are shown in figure 3.3.1-2.

Weight trade studies indicate that the minimum weight of a throwaway ballute is

attained by tailoring the TPS such that the Nextel structural fabric assembly reaches a

maximum temperature of 1800OF during the aeromaneuver. The high ratio of fabric

strength to load would appear to suggest considering a design with fewer meridians, a

larger lobe radius and a lower lobe angle in the interest of reducing membrane area and

fabrication costs.
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The central heat shield of the ballute vehicle is a GR/PI honeycomb sandwich

structure situated over the main engine compartment, with structural doors to cover the

retracted engine nozzles during aeromaneuver. Designed for stiffness and stability at

aeromaneuver loading, the sandwich construction has 6-ply face sheets with a 1.0 in

thick honeycomb core with 4 pcf density. The doors are of similar construction. For

thermal protection, both heat shield and doors are covered with FRCI-12 rigid thermal

tiles.

Thrust Structure. For this concept the thrust structure is a double cruciform,

rectangular beam structure designed to distribute thrust loads evenly to a thrust ring

and on to the aft support struts. The thrust beam structure is of graphite/epoxy design,

with mounting provisions for two engines, including thrust vector controllers. Designed

to minimize deflections at the center, assuming stiffness tailoring, the beams were

found to have an average cross-sectional area of 4.3 in2. Additional structure is

necessary for assembly and attachment.

Equipment Support Section. The equipment support section is an octagonal GR/EP

structure with aluminum doors for monitoring of avionics and electrical power compo-

nents. Because it is located in the mid-body of the vehicle, this section must also be

stiffness and strength designed to transfer forward and aft loads through the GR/EP

structure only. Pertinent member sizings are shown in figure 3.3.1-3.

Propellant Tanks. The propellant tank pressure shells are sized to permit room

temperature proof testing to 1.63 times the MEOP of 22.1 psi for the liquid hydrogen

tank and 1.32 times the MEOP of 23.7 psi for the liquid oxygen tank.

With respect to the hydrogen tank, the MEOP of 22.1 psi occurs subsequent to the

initial OTV main engine ignition and isbased on an ullage maximum vent pressure of

22.0 psia plus a maximum head pressure of 0.i psig. During operation, the ullage

pressure may perturbate several times between 22.0 and 18.0 psia. After return, the

tank is purged of its gaseous hydrogen before refueling. The hydrogen tank average

dome thickness is 0.036 in and cylinder thickness in 0.06 in.

With respect to the oxygen tank, the MEOP of 23.1 psi occurs also subsequent to

the OTV main engine initialburn and is based on a maximum ullage vent pressure of 22.0

psia plus a maximum head pressure of 1.1 psig. During operation, the ullage pressure

may oscillate several times between 22.0 and 20.0 psia. After return, the oxyger_ tank is
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partially purged before refilling on-orbit. The oxygen tank average dome thickness is

0.029 in.

Due to the cryogenic operating conditions, and based on room-temperature proof-

testing, the inherent ultimate factor of safety on strength is 2.84 for the hydrogen tank

and 1.92 for the oxygen tank.

Support Struts]Body Structure. The support struts are fabricated from graphite/

epoxy for economy, weight savings and to provide thermal isolation to the cryogenic

tanks. They are designed as pin ended columns to sustain the loads developed during

aeromaneuver. The struts were selected for tank support and to provide the vehicle

primary load paths as being much lighter than a corresponding shell structure.

Strut cross-sectional areas vary from 0.7 to 0.8 in2, depending on location on the

vehicle.

Rings Integral With Tanks. The rings provided to permit the support struts to

support the propellant tanks are fabricated integral with and internal to the tanks for

structural weight and volume efficiency and to simplify thermal protection.

Typical ring cross-sectional areas vary from 1.2 to 1.75 in2, for LH2 and LO2

tanks, respectively.

Payload Interface. The payload interface is a GR/EP ring fabricated with payload

attachment pads and mechanism support, placed at the forward end of the vehicle to

support the payload under OTV main engine burn conditions.

Thermal]Handling]Meteoroid]Debris Protection. The plot in figure 3.3.1-4 was

developed specifically to assess meteoroid/debris protection for the tanks for the Space

Based OTV with ballute brake. It reflects a total tankage surface area of 1200 square

feet, a standoff distance of three inches, shields and backwalls as indicated, and 18 days

exposure at GEO plus the indicated time at LEO.

The minimum thermal protection of 30 layers of MLI plus a protective shield of

0.016 inches of aluminum provides the minimum required protection of 0.999 for the 18

days at GEO plus 0.6 days at LEO.

If the tank wall is allowed to contribute to the meteoroid/debris shielding, the

probability of no tank wall penetration exceeds 0.99995, making the possibility of

explosive rupture very low. Thus, for this vehicle, a separate shielding system with tank
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walls sized for service life requirement room temperature proof test is the preferred

concept.

ASE. For transport to orbit the OTV is supported in the orbiter bay, unfueled, by a

forward ASE ring which attaches to the P/L interface ring and at the thrust strut

interface ring by an open, U-shaped, ASE segment. These ASE segments will be similar

in concept but much lighter and simpler than the IUS ASE. Maturing the ASE design for

this or other vehicle concepts is not considered a necessary part of this study. The

particular OTV to ASE attachment locations were selected to facilitate installation and

removal of the OTV from the orbiter and to minimize OTV scar weight.

3.3.2 Space-Based Lifting Brake OTV

The space-based liftingbrake OTV isshown in figure 3.3.2-I.

Aerobrake. The brake structure for the SB lifting brake obviously is quite

different than that for the SB ballute brake. Table 3.3.2-i identifies the focus of lifting

brake design activity. A qualitative analysis of two lifting brake structural concepts

was performed to determine the most efficient concept. One type of brake is supported

at the outer edge by an inflated fabric toroid, and the other is supported by rigid struts.

This trade is shown in figure 3.3.2-2. The preferred concept is the strut-supported

concept, as this provides the most stable structural concept, and minimizes possible

brake deformations.

The SB lifting brake OTV reacts brake rib support loads into the equipment

structure (ESS) through rib support struts. The ESS is sufficiently deep in local cross

section that it is well suited to reacting these loads without major weight penalty. The

rib support struts were designed to reduce bending moment in the rib and deflections at

the end of the rib, resulting in increased overall stiffness while reducing total rib

weight. The support struts are GR/PI struts with an average cross-sectional area of 0.6

in2.

The rib cross section and the stresses in the rib at the location of maximum

loading are provided in figure 3.3.2-3. The lifting brake ribs are designed to minimize

deflections at all points along the rib, and can be tailored to match the bending

moments along the rib. This isshown in figure 3.3.2-4.

The lifting brake ribs will be fabricated from graphite polyirnide for structural

efficiency, economy and to survive the thermal environment with tolerance for local hot

spots, should they occur. The section iffilled with honeycomb core to stabilize the 0.05
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inch side walls against buckling due to the combined axial compression and shear loads.

The central heat shield for this brake is similar in design to the ballute-braked OTV

central heat shield, with structural doors over the nozzle opening. The heat shield is of

GR/PI honeycomb sandwich construction•

Additional attention was also given to details of the various design sensitivities of

the covering fabric. The objective was to avoid sharp crease lines at the rib which

would cause excess local heating, limit fabric maximum tension loads and resultant axial

compression loads in the ribs. Those sensitivities are addressed in figure 3.3.2-5.

Excess local heating at the rib lines due to cross flow and local contour discontinuity is

a major concern with the fabric covered symmetric lifting brake. The problem is

eliminated by use of a wide radiused chord on the forward face of the rib section.

Aerodynamic heating analysis indicates that a rib chord of 12 inches is adequate to

avoid excess heating. Membrane analysis of the fabric spanning between adjacent ribs

shows that a chord width (a) of 6 to 8 inches will eliminate local creases and permit

acceptable installation tolerances without excessive deflections. With fabric strength in

excess of 200 Ib/inch the fabric loading isno problem.

The equations used to develop the plots in figure 3.3.2-5 are as follows:

a = 24 sin phi

RF = (b/2 sin phi) - RC

S = (Rc + RF) (i - cos phi)

NT = Pmax x RF

Pmax = 0.708 psi ult

deltas =(ph xphix (Rc + RF)/90)-b

A major structural trade was made in regard to the lifting brake support method.

The pre-midterm concept of the lifting brake OTV included a brake that was articulated

to provide lift control. This type of design restricted the amount of vehicle-to-rib-

support, causing large bending moments, excessive deflection, and excessive weight, in

going to a design philosophy in which the brake is fixed so that the vehicle C. G. is

permanently offset, the vehicle-to-rib-support can be improved, resulting in decreased

bending and deflections, and weight. This redesign resulted in a weight savings of 725 Ib

of brake and support structure weight.

Thrust Structure. This lifting brake OTV thrust structure is similar to the SB

ballute-braked OTV thrust structure, except instead of through a ring, the thrust loads
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are directed into the engine support structure (ESS) through twelve struts. These struts

are of GR/EP design and have an average cross-sectional area of 0.5 in2.

Equipment Support Section. For this vehicle, the equipment support section is in

two segments, each having similar construction to the single structure of the ballute-

braked vehicle. Additional stiffening is needed at the payload interface and at the

brake support/thrust structure interface.

Propellant Tanks. The propellant tank pressure shells are similar in design to the

ballute-braked vehicle tanks. The tanks are loaded differently, however, at main engine

initial burn, resulting in maximum pressures of 22.1 psia and 23.6 psia for the liquid

hydrogen tanks and liquid oxygen tanks, respectively. Purge and refill operations, as

well as flight perturbation conditions, are the same as the ballute-braked OTV. Inherent

ultimate factors of safety are also the same.

Average tank dome thickness for the hydrogen tanks is 0.036 in, and cylinder

thickness is 0.06 in. Average dome thickness for the oxygen tank is 0.029 in.

Support Struts/Body Structure. The support struts are similar to those for the

ballute-braked OTV. For this vehicle, however, the tanks are cantilevered from the

ESS, and so somewhat different conditions exist. The struts are stability-designed, and

cross- sectional areas range from 0.35 to 0.5 in2.

Rings Integral with Tanks. The tank rings are the same design as on the ballute-

braked vehicle, but in this case have a cross sectional areas of 1.0 and 1.75 in2 for

hydrogen and oxygen tanks, respectively.

Payload Interface. For this vehicle, the payload interface structure is built into

the equipment support sections and consists of support pads and mechanism support.

Thermal/Handling/Meteoroid/Debris Protection. This vehicle has a larger tank

than the ballute-braked vehicle, but has partial shielding provided by the lifting brake.

Therefore, the debris shielding has the same definition as that on the ballute-braked

vehicle, providing in excess of .999 protection for the same mission.

Implications of meteoroid/debris impact to the aero brake surface are summarized

in table 3.3.2-2. Although protection while in use is not feasible those periods of
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exposure are sufficiently small that the probability of impact by a particle of significant

size is also small.

The size of penetration which can be tolerated without resultant excess heating,

rapid erosion and damage to the vehicle equipment is not known. Certainly that will

vary with the type and design of the brake surface and location of the damage.

Inspection for critical damage to the brake surface will be difficult. A lightweight

standoff witness plate aft of the brake may need to be considered to facilitate location

of critical penetrations. On-orbit repair techniques applicable to the specific surfaces

will probably be required.

ASE. This vehicle is transported to orbit in three pieces, including tank/equipment

module, propulsion module, and lifting brake. The tank/equipment module is supported

unfueled in the orbiter as an open, U-shaped pallet at the ESS location. The main

engines are supported on a second pallet, and the aerobrake is launched separately,

folded and attached to a fixture at the heat shield area.

3.3.3 Space-Based Shaped Brake OTV

Structures for the shaped brake OTV are similar in many respects to those used on

the SB lifting brake OTV and are shown infigure 3.3.3-1. Body structures, tankage, ESS,

and payload interface are all similar. The thrust structure, however, is similar to that

used on the SB ballute-braked OTV. The major structural difference is the aerobrake

structure that, along with debris/meteoroid protection considerations, and airborne

support equipment, are discussed in the following.

Aerobrake. The shaped brake shell consists of three major segments sized for

delivery to LEO in the orbiter. The elements of these segments are detailed to provide

a compromise between weight and complexity of on-orbit assembly.

Table 3.3.3-I identifies the major issues addressed in the structural design/analysis

of the SB shaped brake OTV structure and figure 3.3.3-2 identifies the members

providing the major load paths and illustrates types of construction and structural

sizings.

Assembly consists of mating the three major segments to the tankage and

propulsion module. When assembled the tankage and propulsion module provides the

primary girder for the shaped brake. Since it is quite deep and is designed to withstand

launch loads in the orbiter, the brake maneuvering loads will not be critical for the

tankage and propulsion module. It provides relatively rigid support to the three major
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segments through a system of struts and transverse support beams located on 50 inch

centers. Only the attachment points and internal transverse beams are delivered

integral with that module. Sway braces at the module ends and at equipment support

locations, shown by dashed lines, retain the section shape.

The ceramic tile/SIP support surface, the longitudinal keel beams and the

transverse panel support beams, are all built up using graphite/polyimide (GR/PI) faces

and lightweight honeycomb core. The panel face and honeycomb core thicknesses are

selected to provide the strength to withstand the aero braking pressure induced loads

and to restrict the maximum curvature at the supports to that which the SIP will

tolerate. The core and face thicknesses in the keel and transverse beams are selected to

stabilize the cross section and withstand the resultant beam bending and shear loads.

The side segment to center segment joints are primarily vertical shear load joints

accomplished by a series of tension fasteners, in oversized holes, and tapered shear pins

and/or keys to facilitate on-orbit assembly.

The brake shell and the tankage and propulsion module are joined by a series of pin

ended graphite/epoxy tubular struts. All of these struts, except the end sway braces,

are loaded in compression only. Thus, by match drilling for the pins on initialassembly,

and selective slotting holes on disassembly the on-orbit assembly will be simplified. The

joints will then be seated upon first loading.

Table 3.3.3-2 summarizes the tile support requirements. Providing a substructure

to support the ceramic insulating tiles isthe dominant driver in the design of the shaped

brake shell structure. The primary issue is to avoid deflections of a magnitude that

would exceed the limitations of the SIP and result in loss of the tile. However, we have

not been able to obtain documentation of the SIP design characteristics. Therefore, we

have made our design correspond to the worst case design condition reported by

NASA/MSFC OTV personnel. Our analysis of that condition indicates a limit in the

curvature of the support structure corresponding to a local EI/M or radius (R) or 160

inches. This corresponds to a maximum relative deflection of 0.02 inches under the 5

inch SIP. This limitation is reflected in the panel design for the brake panels.

Thermal/Handling/Meteoroid/Debris Protection. Tank areas for this vehicle are

similar to the liftingbrake OTV, so the same type of shielding can be used. As with the

lifting brake, there are several unresolved issues with respect to the meteoroid/debris

implications of the shaped brake surface. Although protection while in use is not

feasible those periods of exposure are sufficiently small that the probability of impact

by a particle of significant size isalso small.
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The size of penetration which can be tolerated without resultant excess heating,

rapid erosion, and damage to the vehicle equipment is not known. Certainly that will

vary with the type and design of the brake surface and location of the damage.

Inspection for critical damage to the brake surface will be difficult. A lightweight

standoff witness plate aft of the brake may need to be considered to facilitate location

of critical penetrations. On-orbit repair techniques applicable to the specific surfaces

will probably be required.

ASE. Airborne support equipment for the tank module portion of this vehicle is

similar to that for the tank module of the SB lifting brake OTV. Because of the engine

placement, a separate ASE is not required to launch the main engines. The aerobrake,

however, is launched in three separate pieces, and requires a support structure for

launch.

3.3.4 On-Orbit Propellant Storage Tanks

The on-orbit storage tank body structures are inherently different from those of

other vehicles as shown in Figure 3.3.4-1. The following paragraphs detail analysis

performed in tank/body structure design, as well as meteoroid/debris protection.

Tank/Body Structure. The body and tank structure design of the two on-orbit

propellant storage tanks is quite different from that of the candidate vehicle concepts.

The differences are due to the fact that the usage scenarios and resultant design drivers

are quite different. The LOX and LH2 storage tanks are fabricated and launched as

separate units rather than as a single unit sharing a common structural shell/meteoroid/

debris protection system. The storage tanks are launched empty which results in

minimal launch loads. The outer shell of waffle construction reacts the launch loads and

supports the thin walled inner pressure shell by fiberglass straps which provide thermal

isolation. This outer shell also interfaces with the ASE members in the spherical dome

region of the tanks where clearance is available to permit a light weight ASE and is

tailored to reflect the launch loads. The same ASE set is used for each of the tanks

although it is designed for the heavier, LH2, tank support loads. The pressure shells are

submerged in water and hydrostatically proof tested before being integrated with the

outer shells. The assembled tanks are loaded into a vacuum chamber which is evacuated

with the annulus exposed to chamber pressure for thermal testing. Following thermal

testing the annulus is filled with dry helium and sealed for removal and transportation to

space, where it is again opened to the environment of space. Thus the storage tanks
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function as dewars but never have to withstand the loads of being evacuated within the

atmosphere.

A number of separate requirements or considerations have led to the selection of

this design concept. The degree of thermal isolation required dictated limiting load

paths and thermal paths between the two shells. That plus orbiter launch capability

would dictate launching the LOX tank only partially filled. Launching the LH2 tank

filled is a possibility and was evaluated in terms of tank and ASE weight impact.

Complications of maintaining helium pressure while being filled with LH2 will probably

dictate launching the LH2 tank empty.

Several factors support the decision to fabricate the two tanks as separate units.

The most important is the consequence of building them integral with a common

meteoroid/debris protection shield and then sustaining punctures or otherwise

developing leaks in each. Separate units simplified changeout. Also it would be poor

orbiter utilization to manifest two large low density items simultaneously.

Thermal]Handling/Meteoroid/Debris Protection. Structural considerations dictate

a minimum outer wall of aluminum isogrid (train = 0.05 in.) for this configuration. In

addition, two major-cooled shields (t - .01 in. each) and 120 layers of MLI contribute to

meteoroid/debris shielding, assuming the effectiveness of the vapor-cooled shields and

MLI as meteoroid/debris protection to be 50 percent on an equivalent mass basis. Using

a stand off distance of 6.0 in., an analysis was conducted to determine the optimum

backwall and whether or not the tank wall would contribute to meteoroid/debris

shielding. Using the critical crack length data explained in Section 3.2.1, as well as

shield sizing data generated by the "BUMPER" code, a comparison was made of separate

and integral shielding concepts. Fig. 3.3.4-2 shows a typical plot of probability and

critical crack length versus combined wall thickness (outer wall, vapor, coded shields,

backwall, and tank wall) for the on-orbit LO2 tank. The plot of the same data for the

LH2 tank is similar but more complex, due to the significant cylindrical section in the

LH2 tank configuration. Pertinent data used in the trade are shown in Table 3.3.4-1.

With separate shielding, using a design condition of .995 probability of no impact

on the tank wall, and using a tank wall sized for service-life proof test, probability of

explosive rupture could be up to .003, and total system weight is 1240 Ib, for the LO2

tank. With integral shielding, using a tank designed for no explosive rupture, although

the probability of impact on the tank isgreater, and probability of tank penetration is

also greater, the probability of explosive rupture of the _ank is negligible because the

critical crack length isnot exceeded. In addition, the combined weight of the system is
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only 1074 Ibs for the LO2 tank. Similar results are shown for the LH2 tank. From this

trade, it was determined that the on-orbit storage tanks should be allowed to contribute

to the meteoroid/debris shielding and be designed for a "no explosive rupture" condition.

3.3.5 Propellant Resupply Tanker

Tank and Body Structure. The propellant resupply tanker shown in Fig. 3.3.5-1 was

evolved and selected as a result of a trade study. The design selected employs isogrid

tank pressure shells supported by fiberglass struts which also serve as primary structure

for the module. The thermal protection system provides the outer wall for

meteoroid/debris protection and consists of 50 layers of MLI and purge containment.

The alternate concept employed struts to support the tanks and an outer structural shell

to serve as primary structure for the module. Analysis showed that a minimum

structural shell weight is considerably greater than the weight of the struts for the

selected concept and that the selected concept is more than 800 pounds lighter than the

alternate concept. Both concepts employ two trunnion support rings fabricated integral

with the module with the keel fin supported by the trunnion support ring between the

two tanks.

The inboard chord of a kick ring (not shown in sketch) is fabricated integral with

the isogrid pattern at the location where adjacent struts meet to support the tanks.

Thermal/Handling/Meteoroid/Debris Protection. Structural considerations on this

vehicle dictate using isogrid tanks to supply stiffness for launch. Because of operation

in proximity to manned systems, the condition of "no explosive rupture" was applied to

the tanks, and the tanks were allowed to contribute to meteoroid/debris shielding.

Because of the short stay of LEO, however, the minimum 50-1ayer MLI/purge

containment system was found to provide the .997 probability of no tank impact alone.

Allowing the tank wall to contribute to the meteoroid/debris protection gives a very

high probability of no tank penetration, and the chance of explosive rupture is

negligible, due to the tank design.

3.3.6 GB Ballute - Braked OTV

The configuration of the ground-based ballute-braked vehicle is shown in Figure

3.3.6-1.

Aerobrake. For this concept, three sizes of ballutes were designed: 33 feet

diameter for unmanned multiple manifest missions, 40 feet diameter for GEO delivery
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missions when auxiliary tanks are used, and 65 feet diameter for manned missions when

auxiliary tanks are used and a manned capsule is returned. Ballute design is similar to

that of the SB Ballute - braked OTV.

Thrust Structure. The thrust structure for this vehicle is similar to that of the SB

Ballute - braked OTV.

Equipment Support Structure. The equipment support structure for this vehicle is

similar to that of the SB Ballute - braked OTV, except that it is a circular structure to

be compatible with the vehicle body shell. Also, the mounting doors are assumed to be

load carrying so that the whole structure can be made lighter. This is possible because

equipment maintenance can be performed on the ground.

Propellant Tanks. The propellant tank pressure shells are sized to permit room

temperature proof testing to 1.37 (best-fit fracture mechanics data) times the MEOP of

22.1 psi for the liquid hydrogen tank and 1.32 times the MEOP of 33.3 psi for the liquid

oxygen tank.

With respect to the hydrogen tank, the MEOP of 22.1 psi occurs subsequent to the

initial OTV main engine ignition, and isbased on an ullage maximum vent pressure of

22.0 psi plus a maximum head pressure of 0.1 psig. During operations, the ullage

pressure may perturbate several times between 22.0 and 18.0 psia. After return, the

tank is purged of its gaseous hydrogen and repressurized with helium before return to

the ground. The hydrogen tank average dome thickness is 0.030 in. and cylinder

thickness is0.05 in.

With respect to the oxygen tank the MEOP of 33.3 psi occurs subsequent to shuttle

ET burnout during launch, and is based on a propellant vapor pressure of 20.0 psia plus a

maximum head pressure of 13.3 psig. During operating, the ullage pressure may

perturbate several times between 22.0 and 20.0 psia. After return, the oxygen tank is

partially purged and allowed to warm and pressurize before return to the ground. The

oxygen tank average dome thickness is 0.031 in.

Due to cryogenic operating conditions, and based on room-temperature proof-

testing, the inherent ultimate factor of safety of strength is 2.39 for the hydrogen tank

and 1.92 for the oxygen tank.

Body Shell Structure. The body shell is fabricated from graphite epoxy with a

NOMEX honeycomb core. This type of structure was chosen for the ground-based
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vehicle as being the most effective for supporting a payload, as well as the fuel and

oxidizer tanks, during launch. The design of this structural shell is based on analysis

given in the Orbital Transfer Vehicle Concept Definition Study Vol. 4 (NA58-33532,

1980). Forward of the equipment support section, the shell is made up of 3-ply GR/EP

face sheets with a 0.5 in., 4 pcf NOMEX honeycomb core. Aft of this, to the ASE

interface, 6 ply face sheets are used with a 0.5 in.,4 pcf core.

Rings Integral with Tanks. Rings are similar to those in the space-based ballute-

braked vehicle, but are sized for launch load conditions. Typical ring cross-sectional

areas vary from 1.5 in2 to 2.0 in2 for the LH2 and LO2 tanks, respectively.

Payload Interface. Similar to SB Ballute - braked OTV

Thermal/Handling/Meteoroid]Debris Protection. Because of mission type and

duration, this vehicle, like the SB vehicles, needs only minimum protection, and the

tanks can be designed for service life requirements, instead of a "no explosive rupture"

condition. The GR/EP honeycomb sandwich body shell and 34-50 layers of MLI more

than adequately provide the necessary protection. Additional protection must be

provided at the payload interface area only.

ASE. The aft ASE for this vehicle is a GR/EP cylindrical shell with longerons at

the orbiter trunnion fitting locations for load distribution. The design is based on

analysis from NAS8-33532 (Ref. I). Forward ASE is included as a heavy ring and fittings

integral to the vehicle body shell.

3.3.7 Auxiliary Propellant Tank

The design of the integral auxiliary propellant tank is conceptually quite similar to

that of the GB OTV. A sketch is provided in Fig. 3.3.7-I. The two tank heads and

supports for the LH2 tanks are substantially identical to those for the OTV. The

auxiliary LH2 tank differs from the OTV LH2 tank only in the elimination of cylindrical

section whereas the auxiliary LOX tank is smaller than the OTV LOX tank. The

structural shell for the module and its support in the orbiter are quite similar to that for

the OTV. The major distinction is a different aft ASE with the keel pin support

cantilevered forward of the ASE ring to reduce the yawing moments. The module

structural shell is locally recessed to provide clearance for the keel in support. The

clearance available for the aft ASE, and not available for the OTV aft ASE permits a
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much deeper and lighter ASE structure. The forward trunnion support is substantially

identical to that for the OTV.

3.3.8 GB ACC Lifting Brake OTV

The final configuration of the ground-based lifting brake OTV is provided in figure

3.3.8-I. This design is similar to the original reference configuration, except that it is

longer, and has two advanced engines, rather than a single RL10. The thrust structure is

larger and heavier, as well as the aerobrake support structure. The structural design

loadings and features are given in table 3.3.8-1. These features are discussed in detail

in the following paragraphs.

Aerobrake. Structural design of the GB ACC lifting brake issimilar to that of the

SB liftingbrake, except the diameter of the brake is 42 feet, and the rib support struts

are deployable_ and are tied into a heavy support ring around the vehicle. Like the SB

lifting brake, the brake ribs are tailored to the bending moment distribution in order to

minimize deflections of the brake. Because of the need to recover and return the

vehicle, the lifting brake is expended after each flight, so separation provisions are

included. The flexible portion of the brake, including ribs and support struts are

expended, while the heat shield remains intact.

The original reference design of the GB ACC lifting brake OTV had a 40 ft

diameter deployable lifting brake that tied into the central truss structure of the

vehicle.

Thrust Structure. The thrust structure for this vehicle is a strut-supported beam

structure that transfers thrust loads to the central vehicle truss structure, as well as

directly into the propellant tanks. The thrust beam is of GR/EP design, with mounting

provisions for two advanced engines, and associated thrust vector controllers. Average

cross-sectional area of the beam is 3.5 in2. Additional structure is necessary for

assembly and attachment.

The original reference configuration had a deep-beam thrust structure that

distributed thrust loads from a single engine into the central box-truss structure and

into the propellant tanks.

Equipment Support Section. The equipment support section is a rectangular box

structure at the forward end of the vehicle at the payload interface. The ESS consists
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of GR/EP truss structures designed to support the equipment during aeromaneuver

conditions, and aluminum load-carrying plates for attachment of avionics.

Propellant Tanks. The propellant tank pressure shells are sized to permit room

temperature proof testing to 1.37 times the MEOP of 31.72 psia for the fuel tanks and

1.32 times the MEOP of 22.1 psia for the oxidizer tanks.

Design conditions for these tanks are the same as for the GB Ballute-braked OTV.

The fuel tanks are designed for OTV main engine ignition, with a maximum head

pressure of 0.i psig. The oxidizer tanks are designed for ET burnout condition, with a

head pressure of 13.7 psig. After return from orbit, the fuel tanks are purged and

repressurized with helium, but the oxidizer tanks are only partially purged prior to

return to ground.

Because of the nature of these tanks, the structural design isdifferent from those

of other OTV classes. A central support rod is included in each tank, and attachment is

at either end of the tank, instead of at mid-tank rings. The hydrogen tank average dome

thickness is 0.025 in. and the oxygen tank average dome thickness is also 0.025 in.

For the case of the ACC OTV configuration re-design, with a single LH2 tank, and

four LO2 tanks, the tanks have the same design conditions, but do not have the central

support rods. These tanks are supported at the outer ring structure. The hydrogen tank

average skin thickness is 0.025 inches, and the oxygen tank average skin thickness is

0.025 inches.

Body Structure. The body structure for this vehicle consists of a central web-truss

structure with lateral stiffening struts, and a deep-beam forward equipment support

structure. For launch, all propellant loads are supported directly by the ACC support

beam. The loads are distributed into the tank structure through the internal support

rods. Thrust loads and aeromaneuver loads are reacted into the tanks and into the

central body structure.

The central web structure is made up of GR/EP composites, and has an average

unit weight of 1.9 Ib/ft2. The LH2 tank support struts are of GR/EP design and have an

average cross-sectional area of 0.5 square inches. The LO2 tank lateral sway struts are

of GR/EP, and have an average cross-sectional area of 1.2 square inches. The

equipment support beam is a GR/EP box beam, with cross-sectional area of 4.0 square

inches. Other structures include equipment support and installation provisions, latch

assemblies for tank removal, umbilical interface plates and mechanisms, and orbiter-

return support fittings.
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In the original reference ACC OTV, the central body structure was a box truss

structure with GR/EP struts. Other structures were similar to the current reference

design.

With the vehicle design trade, alteration of the basic structural concept of the

vehicle caused the primary structure to change from a central truss structure to an

external cylindrical body shell. This cylindrical shell supports the single LH2 tank,

thrust structure, and aerobrake during launch, and provides the load path for thrust and

aeromaneuver as well. The four LO2 tanks are cantilevered from the cylindrical shell

during thrust and aeromaneuver, but are directly supported by the ACC beam structure

during launch. The cylindrical shell is of OR/EP sandwich, and has a unit weight of 0.71

Ib/sq ft. Avionics equipment is supported from the conic section of the body shell.

Other structure includes LO2 tank support structure and disassembly mechanisms, aft

thrust structure support struts, equipment installation provisions, umbilical interfaces,

and shuttle-return fittings.

RinEs Integral with Tanks. Rings are included in the tanks for this vehicle concept

for stabilizing the tank walls during launch. Cross sectional areas average 0.3 in2.

Payload Interface. The payload interface is integral with the forward body beam

structure and equipment support structure. Pads for payload attachment and

mechanism support are provided at 8 locations on the forward end of the vehicle.

Thermal]Handling]Meteoroid]Debris Protection. Like the other vehicles, the ACC

vehicle has a limited LEO exposure to debris and has limited operation in proximity to

manned systems, so the meteoroid/debris protection can be separate from the tanks, and

the tanks sized for service life requirements. For this configuration, protection must be

provided for 1280 ft2 of Wetted area, and the protection must be attached directly to

the tanks themselves because of the vehicle configuration. The minimum gage shielding

(0.016 in aluminum) and the minimum ML[ for thermal control (30 layers) provides

adequate protection for the vehicle tankage. Fiberglass supports are used to provide the

3.0 in outer shield standoff, and to minimize heat leak to the propellant tanks. This

presents a potential problem and will need further analysis to determine the feasibility

of such a method.

ASE. The ASE structure provided in the aft cargo carrier is a double cruciform

deep-beam structure which interfaces with the OTV at the forward end. Attachment
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provides direct support of the propellant tanks and of segments of the equipment

support structure.

The ASE required to return the ACC OTV in the Shuttle includes a support cradle

for the heat-shield/engine module, and support for the two LH2 tanks and vehicle core

module. The support cradle is a GR/EP truss cradle, with interfaces to the Shuttle at

two longeron fittings and one keel fitting. This cradle also provides support for the

repressurization tankage, as well as the vehicle-return instrumentation. The structure

required for the LH2 tanks and vehicle core module is built into the vehicle structure,

and includes longeron and keel pins. All other structure required is government-

furnished support structure in the Shuttle, such as longeron and keel bridge fittings and

latches, and cabling support structure.

193



This Page

Intentionally
Left

Blank

194



D180-29108-2-3

4.0 PROPULSION

The OTV propulsion systems include the main propulsion system (MPS) and the

reaction control system (RCS). The main propulsion system analyses are discussed in

paragraph 4.1. The reaction control system analyses are discussed in paragraph 4.2.

The analyses discussed in the following paragraphs was based on use of a ballute

aeroassisted space based OTV although similar results would be anticipated for any of

the vehicles described in Section 2.0.

4.1 Main Propulsion System

The main propulsion analyses focused

engine.

on the selection of the propellant and

4.1.1 Main Propulsion System Requirements

The primary requirement of the main propulsion is to provide thrust

vehicle on demand in order to produce velocity changes for orbit transfers.

MPS burn requirements are:

a.

b.

Co

d.

e.

f.

g.

for the

Specific

Perigee burns for insertion into LEO-GEO transfer orbit.

Circularization at geosynchronous altitude ifrequired for the mission.

De-orbit from geosynchronous orbit to low earth orbit or aerobrake maneuver

altitude as required for the mission.

Velocity corrections if the required delta-velocity isgreater than 20 feet/second.

Provide velocity corrections prior to act.maneuver for aeroassisted vehicles.

Provide velocity corrections required after the aerobrake mission phase due to

atmospheric dispersions.

Circularize the orbit for recovery by the Shuttle or for recovery at the space

station.

a.

b.

C.

d.

Other requirements of a more general nature are:

Be reuseable for at least 10 missions to minimize recurring costs.

Satisfy man-rating requirements.

Be compatible with Shuttle launch capability.

Be capable of operating in either a ground based or space based mode.
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4.1.2 Main Propellant Selection

This trade was conducted as part of the midterm effort and used the BAC version

of the Rev. 7 nominal mission model. This version had 252 OTV flights (vs 450 for the

NASA model) and turned out to be essentially the same as the NASA Rev. 8 nominal

model (257 flights). Although the Rev. 8 low model (145 flights) would have reduced the

difference between the high and low performance concepts it was judged the conclusion

would stillbe the same so the trade was not rerun. The other difference associated with

the mid-term trade was that the weight of the vehicles was lower and, should the high

final weights have been used, the higher performance concepts would again be more

desirable. The remaining paragraphs of this section describe the trade as it was

conducted.

Nine different propellant combinations were initially considered. Performance

characteristics for the propellants are presented in figure 4.1-1. The development cost

characteristics for engines which use these propellants is shown in figure 4.1-2. There

are essentially two groupings relative to cost. Applying a screening criterion of

selecting the highest performer (Isp) from each group based on development cost, in

addition to a non-cryo propellant and a propellant suitable for system evolution, resulted

in selecting LF2/LH2,LO2/LH2, MMH and N204, and a hybrid using N204/MMH and

LO2/LH2 for further examination.

The configuration and performance characteristics for OTV's using the four

candidate propellants are presented in figure 4.1-3. The use of single stages for the

cryo options is the result of preliminary studies showing less than a 2-3% propellant

penalty relative to two stages for an aerobraked OTV. A major contributor to this

situation is the duplication of systems when two stages are used. The storable option

however did benefit using two stages primarily because of the staging of inert weight

offset the lower specific impulse. Specific impulse and bulk density contribute to the

dry weight which in turn influences the propellant requirement. Based on these factors

the LF2/LH2 systems require the least propellant followed by LO2/LH2. The storable

system even using two stages required nearly twice the propellant as the LO2/LH2

system. The hybrid system provided an improvement over the storable but stillrequired

considerably more propellant than the allcryo systems.

The undiscounted and discounted life cycle cost (LCC) comparison of OTV

programs using the candidate propellants is shown in figure 4.1-4. All hardware and

operations elements identified in Section 2.0 are included. The N204/MMH system has

the least development cost but its high operations cost associated with propellant

delivery. (due to low Isp) resulted in the highest LCC. A LO2/LH2 system gives the least
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LCC if propellant scavenging is used even though its performance is not as good as

LF2/LH2. This occurs because over 30% of the propellant is delivered via scavenging

which reduces the net propellant delivery cost by 30% relative to a system that does not

use scavenging. Although LH2 could be scavenged for the LF2/LH2 option itrepresents

only a small fraction of the total propellant requirement and was judged not worth the

complexity. The hybrid system had even a higher development cost than the LF2/LH2

system primarily because two stages rather than one required development.

Our recommendation for main propellant is LO2/LH2. This system provides a

discounted life cycle cost advantage of 9% over the LF2/LH2 when propellent

scavenging is used. In addition, the LO2/LH2 does not have the risks associated with

handling and the extra equipment and operational procedures associated with LF2. The

recommended LO2/LH2 system provides a 30% LCC advantage over the storable system

due to the differences in operations cost resulting from its performance characteristics.

For performance reasons the storable system required use of two stages and this would

also be additional operational complexity relative to the one stage LO2/LH2 system.

4.1.3 Main Engine Selection

The analysis of main engine candidates was focused on those using LO2/LH2 since

that was the selected propellant. The candidates consisted of derivatives of existing

engines as well as a new advanced engine. The following paragraphs discuss the

performance characteristics of the advanced engine and the program level comparison

of the candidates.

4.1.3.1 Advanced Engine Characteristics

Specific Impulse and Weight. Engine performance data were available from Pratt

and Whitney, Rocketdyne and Aerojet for advanced oxygen/hydrogen engines currently

being studied under NASA contracts. Typical specific impulse data from these studies

are shown by figure 4.1-5. The large variations in specific impulse between the

manufacturers results from the lack of test data for nozzle expansion ratios greater

than 400/1. The differences in performance are due to different methods of

extrapolating nozzle performance from the lower area ratios and these discrepancies

can only be finally resolved when higher area ratio test data are available. The

manufacturers weights data shown by figure 4.1-6 also exhibit large differences. The

weight differences are, in part, due to different type designs. The Aerojet weights

shown do not include retractable nozzles and zero NPSH pumps as do the Rocketdyne

and Pratt and Whitney data. Adding estimated weights for a retractable nozzle and
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zero NPSH pumps to the Aerojet data at 5000 Ibf, 1000/1 area ratio results in

approximately the same weight as shown by Rocketdyne but does not fully reconcile

area ratio-weight trends. Trade studies investigating the effect of thrust were

conducted using the Aerojet specific impulse data, which isreasonably conservative, and

the Rocketdyne weight trends.

Thrust Level. Thrust level selection for the advanced engine took into account the

number of engines required and the influence of propellant loading. Two engines have

been incorporated as a result of the cost optimum reliability analysis performed for

unmanned OTV application and described in Volume Ill. In addition, the criteria of no

single point failures for manned OTV missions was best satisfied by two fully operational

engines.

The influence of thrust level on propellant loading is shown in figure 4.1-7. Also

included in this data is the influence of the number of perigee burns used on the up leg

of a mission. The minimum loading is achieved using two perigee burns and a thrust

level of 4000 Ibf per engine. An engine thrust level of 5000 Ibf was selected to provide

for margin and growth potential.

4.1.3.2 Engine Comparison and Selection

The key characteristics of the investigated engines are shown in table 4.1-1. In

the case of the advanced engine itshould be noted that several of the parameters have a

value specified for both space and ground versions of the engine. Most significant of the

differences between engines are those involving weight (value shown is for one engine

and two is the baseline), [sp particularly for low g applications, life, and development

time and cost. The key issue in this trade was whether the benefits of the advanced

space engine (ASE) can offset itshigher development cost.

Propellant requirement and payload capability for OTV's using the candidate

engines is presented in figure 4.1-8. For the case of performing the manned GEO

servicing sortie (MGSS) mission, the ASE provides an 8.6% and 14% advantage over the

RLI0-111 and RLI0-11B, respectively. Using a fixed amount of usable propellant for a

GEO payload delivery mission, the ASE provides a 16.2% and 29% advantage over the

RLI0-|II and RLI0-11B, respectively. In both cases, the high Isp and lower weight per

engine are the major contributing factors.

The undiscounted and discounted life cycle cost (LCC) comparison of the main

engines are presented in figure 4.1-9 in terms of their influence on total OTV program

cost. An OTV with ASE's provides a 4.4% and 8.4% advantage over the RLI0-[II and
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RLI0-11B, respectively. However, the ASE does have higher development cost and thus

the discounted LCC comparison is closer which makes the time phased cost comparison

an important parameter.

The plots shown in figure 4.1-10 present the cum LCC difference by year between

a reference vehicle and any alternate vehicle in both discounted and undiscounted

dollars. The influence of discounting in terms of how soon a given option begins to

payback is clearly indicated. The reference vehicle has been chosen as one which uses

ASE'S and as such is indicated by the zero dollar line. For the discounted case, which is

most significant in terms of decisions when considering advanced hardware/programs,

the data indicates the reference vehicle using ASE is increasingly more expensive than

the alternative out to the point of beginning to fly the missions in 1994. In subsequent

years however, the ASE is more efficient in terms of performance and requires less

propellant thus lower recurring cost. By about 2001 the reference OTV with ASE's

becomes cheaper than an RLI0-11B OTV and cheaper than an OTV with RLI0-111 in

2OO5.

Our recommendations for main engine for OTV application is the advanced

LO2/LH2 system. Each engine has a thrust level of 5000 Ibf, Pc = 1500 psia, expansion

ratio of 1000, and Isp of 483 sec. Although the discounted payback relative to the

closest competitor (RLI0-111) takes a littlelonger than desired, other advantages such

as additional performance capability to handle changes in mission requirements and

better operations features in terms of dealing with design life and maintenance justify

the selection of the ASE.

4.1.3.3 GB OTV Engine Selection

Only the advanced engine was considered for GB OTV application because the

other engines did not have sufficient performance to allow a 12k lbm payload to be

flown in a single 72k Ibm STS flight (reusable mode). Discussion of the GB OTV

performance is presented in Vol. Ill.

4.1.4 Baseline System Description

Key characteristics of the baseline main propulsion system resulting from the

trades and analyses is shown in figure 4.1-11. This system which uses LO2/LH2

propellant and advanced engines provided the least program cost (discounted), good

growth capability and a minimum of risk. Two engines and redundant valves throughout

the system result in a cost optimum design for unmanned missions and satisfies manned

mission criteria of no credible single point failures. The retractable nozzle feature
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allow the engines to be stowed behind the heat shield during the aeromaneuver. The

engines also incorporate the features necessary to allow autogeneous pressurization.

The propellant loading sensitivity of the system to engine thrust level and Isp is

shown in figure 4.1-12. For example, ifspecific impulse is two seconds lower than the

baseline of 483 sec only a 600 Ib propellant penalty will result. Should the optimum

thrust level of 4000 Ibf be used instead of 5000 Ibf the propellant savings would only be

250 Ibs.

4.2 Reaction Control System

The primary emphasis in the RCS area was to compare alternative propellants and

their overall system impact.

4.2.1 RCS Requirements

The purpose for the reaction control system (RCS) is to control the vehicle

orientation during coasting periods and perform maneuvers which do not warrant use of

the main propulsion system. Top level requirements to support the OTV missions and

objectives are:

a.

b.

C.

d.

e.

f.

g.

Provide thrust for delta-velocity maneuvers of less than 20 fps.

Be reuseable for at least 20 missions to minimize recurring costs.

Satisfy man-rating requirements.

Control orientation of the vehicle and provide initialpointing for main propulsion

system start.

Be capable of operating in either a ground based or space based mode.

Be compatible with Shuttle launch.

Provide six degree of freedom control for docking maneuvers.

The delta V budget for the RCS is shown in table 4.2-1. The modifications

proposed and used by Boeing primarily reflect use of the MPS rather than RCS for any

individual orbit correction burn greater than 20 fps.

4.2.2 RCS Propellant Trade

Comparison of the RCS propellant alternatives were done using a ballute braked

space based OTV. The results of this trade however are applicable to all vehicle

configurations described in section 2.0. The only differences in the RCS for the

different vehicles would be the engine sizes needed to provide the control authority
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required for the different moments of inertia and a small variation in propellant

quantity.

4.2.2.1 RCS Configuration Concepts

The reaction control systems analyzed for the OTV were a monopropellant

hydrazine system and a hydrogen/oxygen system using common storage of the

propellants with the fuel cell reactants.

The schematic of the hydrazine system shown in figure 4.2-1 indicates the

functional arrangement of the thrusters, tanks and other components. Redundancy for

manned missions required 24 thrusters to provide six degrees of control. Only 16

thrusters would be required for unmanned missions. Thrusters are arranged in four

clusters with six thrusters each. Steady state thrust of each thruster is approximately

30 Ibf at the maximum operating pressure of 380 psia. The minimum impulse bit is 0.30

Ibf-sec. The thrusters are provided with thermostatically controlled electrical heaters

to prevent propellant freezing. The propellant tanks contain bladders to separate the

hydrazine from the nitrogen pressurizing gas and provide positive liquid expulsion. Each

tank is connected to a manifold to distribute the propellant to the thruster clusters.

Thermostatically controlled electrical heaters maintain the tanks, manifold and

connecting lines above the freezing temperature of the hydrazine propellant. Six tanks

are used because packing within the available envelope was found to be difficult with a

fewer number of larger tanks.

The concept for the supercritical cryogenic oxygen/hydrogen system is shown in

figure 4.2-2. The propellant has common storage with the fuel cell reactants. The

electrical heaters in the cryogenic tanks are controlled by pressure switches to maintain

approximately 300 psia pressure in the hydrogen tank and 900 psia in the oxygen tank.

The advanced technology RCS thrusters provide approximately 410 seconds specific

impulse. The system uses 24 thrusters the same as the monopropellant system to

provide redundancy and satisfy man rating requirements.

4.2.2.2 Concept Comparison and Selection

Weight characteristics and trends were developed for monopropellant hydrazine

and cryogenic oxygen/hydrogen reaction control systems as a function of total impulse

requirements as shown in figure 4.2-3. The simpler monopropellant system has the

lowest dry weight but the total weight including propellant is higher than the

oxygen/hydrogen system for total impulse requirements higher than about 60,000

Ibf-sec. A typical OTV delivery mission with 20,000 ibm payload requires an RCS total
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impulse of approximately 21,7000 Ibf-sec. The oxygen/hydrogen RCS weight including

propellant for this total impulse is 385 Ibm lower in weight than the monopropellant

system for the same mission requirement.

Summary characteristics for the two concepts are presented in table 4.2-2. The

dry weight of the cryogenic oxygen/hydrogen system is approximately 75 Ibm heavier

than the hydrazine system. The cryogenic RCS propellant quantity is less however

because of having a higher Isp. The total system weight for the oxygen/hydrogen

concept is also lower resulting in less MPS propellant. The net benefit of the cryo

system on a per flight resupply basis is 660 Ibs.

Total program life cycle cost comparisons shown in figure 4.2-4 found the two

systems extremely close but with a small advantage for the hydrazine system. The

comparison of LCC on a t/me-phased basis, shown in figure 4.2-5, illustrates that the

higher specific impulse of the oxygen system was not sufficient to offset the higher

development and hardware costs of that system.

Our recommendation for RCS propellant is monopropellant hydrazine because its

life cycle costs were lower and it is a less complex system. Should the RCS delta V

budgets be substantially higher than those assumed and/or the development cost for the

cryo system be shared with another program then further consideration should be given

to O2/H2 RCS.
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5.0 THERMAL PROTECTION AND CONTROL

This section presents the Thermal Protection and Control (TP&C) analysis

performed on each of the candidate OTV concepts. The material includes a summary of

the requirements, a description of the generic types of TP&C concepts, the approach

used to conduct analysis and a description of the TP&C system for each OTV concept.

The majority of the analysis deals with thermal protection systems (section 5.2 through

5.9) associated with or affected by the aerobraking maneuver. This has occurred

because of there being a greater degree of uncertainty and higher weight contribution of

the TPS than that associated with thermal control. Section 5.10 however does

summarize the thermal control approach.

5.1 TOP LEVEL REQUIREMENTS

Thermal protection systems (TPS) must:

a. Provide an aerodynamic surface capable of operating while subjected

aerothermal environments associated with the aeropass maneuver.

b. Protect the primary structure from effects of the aerothermal environment.

c. Maintain component temperatures within acceptable limits.

d. Minimize propellant heating.

to the

The TPS design environments are dependent on configuration shape and

trajectories, but typical maximum heating rates on windward brake range from 20 to 40

BTU/ft2-sec. Other required features include:

a. Light weight.

b. Reusability or easy replacement.

c. Capable of being assembled or deployed in orbit.

The thermal control system must provide a means of dissipating heat generated by

the avionics unit, and also of protecting the avionics components from the aerothermal

environment during the aeropass maneuver.

223



D180-29108-2-3

5.2 THERMAL PROTECTION SYSTEMS (TPS)

5.2.1 Thermal Protection Concepts

Candidate TPS concepts for the OTV vehicles consist of a flexible surface

insulation (FSI) blankets and rigid surface insulation (RSI) tiles bonded to strain isolation

pads (SIP) as shown in figure 5.2-1. The most promising FSl concept appears to be a

Tailorable Advanced Blanket Insulation (TABI), which has been developed by NASA/ARC

(reference 14). TAB[ features a 3-dimensional integrally woven structure with ceils

filled with quartz felt insulation, and provides smoother surfaces and better durability

than the quilted design used on earlier systems. However, the TABI manufacturers

(Woven Structures, Inc.),state that thicknesses less than about 3/8 inch are probably not

practical due to fabrication problems. Consequently, quilted blankets similar to

Advanced Flexible Reusable Surface Insulation (AFRSI, ref. 5.2-1) are proposed where

required insulation thicknesses less than 3/8 inch are predicteLl.

The RSl system is similar to that used on the Space Shuttle except that hexagonal

shaped tiles are proposed where practical to minimize heating in the gaps between the

tiles. The SIP is required on the Orbiter because of large differences in thermal

expansion between the tiles and aluminum primary structure. For composite structures,

where thermally induced strains are much smaller, the direct bonding of RSI tiles to

primary structures has been proposed (ref. 15). However, we feel that a SIP is still

required for OTV because of airload-induced deflections.

5.2.2 TPS Material Capabilities

Our assessment of current and future TPS material capabilities are shown in table

5.2-1. All three types are, or are derived, from systems currently in use on the Space

Shuttle Orbiter. Heat transfer rates are used as the measure of thermal capability

instead of temperature to avoid the need for assuming surface optical properties.

The greatest gains in thermal capability are projected for FSI. The 1990 normal

growth capability may be close at hand. Silicon carbide (NicalonR) fabrics have been

successfully tested to about 34 BTU/ft2-sec with only minor degradation (ref. 16). TABI

specimens have been fabricated with silicon carbide surface and cell wall fabrics, and

will be thermally tested later this year.

The RSI material is assumed to be or to evolve from fibrous refractory composite

insulation (FRCI). FRCI is basically sintered alumina and aluminoborosilicate fibers,

and is a second generation tile for the Space Shuttle Orbiters. Development activities

are in progress to enhance the capability of these types of materials.
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HDR materials are not proposed for OTV applications primarily because of weight,

but are considered as alternates in case that future predictions of aerothermal

environments exceed the capability of RSI.

5.2.3 Insulation Sizing Criteria

Criteria used in selecting FSl and RSI thicknesses are shown in figure 5.2-2. FSl

thicknesses are selected to maintain backwall temperatures below designated limits,

which are 600°F for KevlarR sealed with VitonR, and 1500°F for NexteIR sealed with

O

CSI05. RSl is sized to maintain temperatures below 550 F at the RSI/SIP bondline. If

the temperature capability of suitable adhesives can be improved to the extent that a

graphite/polyimide structure temperature limit of 600°F becomes the limiting

condition, then RSI thicknesses can be reduced by roughly 25%.

The FSI and RSl thermal conductivities used to establish insulation thicknesses are

shown in figure 5.2-3. FSI conductivities are based on AFRSI data presented in

reference 18 for a pressure 0.01 atmospheres. Data presented in reference 17 also

showed that FRCI 20-12 conductivity isabout 20 percent greater than that of LI-900 (a

first generation Shuttle tile) at 1.0 and 0.0001 atmospheres. Consequently, FSl

conductivities are assumed to be 20 percent greater than LI-900 at 0.01 atmospheres.

The 0.01 atmosphere pressure was selected as a mean value between the roughly 0.02

atmosphere stagnation pressure occurring at the stagnation point at the time of peak

heating and the 0.001 to 0.005 atmospheres occurring when the backwall temperatures

reaches itspeak.

5.3 ANALYSIS APPROACH

Analyses were conducted to define the external aerothermal environments for

each vehicle concept. Results were then used as a basis for shaping and dimensioning

vehicle configurations, selecting candidate TPS materials, determining insulation

thicknesses, and assessing aerothermal and TPS technology requirements. The

aerothermal predictions represent design heating environments.

The general approach was to use conventional boundary layer methods to establish

nominal heat transfer distributions, and then to apply appropriate factors to account for

surface roughness, gas radiation, surface catalysis, rarefied flow effects, and atmos-

pheric variations. Specific factors used are given in table 5.3-1. With the exception of

the atmospheric density term, all of the factors shown are considered to be adjustments,

and not uncertainties. Therefore, the terms are multiplied, and not root-sum-squared.

The net result is that a factor 1.05 plus a vorticity correction of 8 to 20 percent is
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applied to all nominal heating rates. The justification and rationale for these factors is

discussed below.

5.3.1 Nominal Heating Computations

Heating distributions on windward surfaces were computed using the rho-mu

method described in reference 18, which is basically a boundary layer momentum

integral method.

The general approach was to compute heating patterns consisting of _l/({oratios

for each vehicle shape, where qo is the convective heating rate at the stagnation" point

of a one-foot radius hemisphere. These patterns are essentially independent of

trajectory providing that the boundary layer remains laminar. The possibility of

boundary layer transition occurring was assessed using the transition onset criteria used

for the Space Shuttle Orbiter, but results indicated that the flow will remain laminar for

all ballistic cases considered in t'hisstudy.

Reference heating rates, qo, and reference heat loads, Qo, were computed for

each trajectory, where

Q0 = fc{odt

These data were then used to determine the maximum heating rates and heat load for

each ballistic brake concept. Maximum heating rates are used in selecting and assessing

TPS materials, and the heat load used to establish insulation requirements to avoid

excessive structural temperatures.

Effects of atomic diffusion were estimated by assuming thermo/chemical equilib-

rium using the approach suggested by Fay and Riddell (ref. 19), given by:

H iD
- I + (L°'52- I)

H L l_ e io
e _

Where H is the heat transfer coefficient, Le the Lewis number, iD the dissociation

enthalpy, and io the total enthalpy. Effects of ionization were approximated by

including the energy absorbed in ionization in the dissociation enthalpy (iD).

Surface pressure distributions on windward surfaces were estimated using modified

Newtonian theory. With this approach, the stagnation heating rates are dependent only

on the radius of curvature of the nose cap, and are independent of the ballute or brake
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diameter. Results are valid for cases where the sonic line remains on the hemisphere,

but tend to be conservative for most of the configurations studied, as is illustrated by

the data-theory comparisons shown in figure 5.3-1. The predictions over most of the

case are in good agreement with the data, but the stagnation heating is over predicted

by nearly 30 percent. Agreement would be better on a 60o cone, which would be

representative of the baseline ballute configuration, since the stagnation flow will be

less influenced by the cone. Also, the tests were conducted in an ideal gas (_'= 1.4). In

the OTV flight regime, the bow shock will lie much closer to the body, and the pressures

will be closer to Newtonian. Consequently, predictions are felt to be realistic, but

somewhat conservative near the stagnation point.

5.3.2 Surface Catalysis

The sensitivity of convective heating rates on a ballute configuration to the

catalytic efficiency of the surface with regard to the recombination of atomic oxygen

and nitrogen is shown in figure 5.3-2. These results indicate that assuming equilibrium

gas chemistry may be overly conservative, and that large reductions in convective

heating can be realized by selecting materials or surface coatings with low catalytic

efficiency.

The figure 5.3-2 predictions were generated using the non-equilibrium chemistry

Boundary Layer Integral Matrix Procedure (BLIMPK, ref. 20) assuming equilibrium

chemistry exists at the edge of the boundary layer. Analyses of reentry heating data

obtained during STS-2 reentry suggests that the catalytic efficiency (kw) of the tile

coatings was of the order of I00 cm/sec (ref. 21). Comparable performance should be

achievable for OTV through the selection of appropriate materials and coatings, and the

catalysis factor of 0.7 used in the present study for nominal estimates is felt to be

appropriate.

5.3.3 Gas Radiation

Most previous analyses of radiation from high temperature air are based on the

assumption that the gas is in chemical equilibrium. With this assumption, the predicted

gas radiation contribution to the OTV TPS is small compared with convection term.

However, analysis results presented in references 22 and 23 indicate that for conditions

associated with critical OTV heating the stagnation region flow gas chemistry will

deviate significantly from its equilibrium state, which could result in radiative heating

rates of the same order to magnitude as the convective values. Other investigators

(refs. 24 and 25) conclude that for these conditions, gas radiation intensities will be
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much less than the convection heating, even when non-equilibrium effects are

considered. Current estimates of stagnation point radiation intensities for OTV vary

from less than 1 BTU/ft2-sec to 26 BTU/ft2-sec. No reliable guidelines are available

for accounting for velocity, altitude, body radius, or location on the body.

Equally important as radiation intensity is the absorptivity of the surface or

surface coating to non-equilibrium radiation, which is primarily in the visible and UV

spectral bands. Recent studies at NASA/ARC indicate that optical coatings using

refraction and back-scattering to reject most of the radiant energy are practical, at

least on rigid surfaces.

For this investigation, a factor of 1.2 was applied to convective heating

predictions to account for non-equilibrium radiation for nominal estimates. Effects of

velocity, altitude, and vehicle shape on radiative heating are different than on

convection. However, use of a simple factor greatly simplifies analyses required to

support the various trade studies, and is felt to be justified considering that the

influence of these parameters on non-equilibrium radiation is not defined at this time.

Stagnation heating rates on ballute brake configurations are typically about 35 BTU/ft2-

sec, so a factor of 1.2 is roughly equivalent to a radiation intensity of 23 BTU/ft2-sec

with an absorptivity of 0.3.

5.3.4 Surfaee Roughness

Fabric texture, seams, manufacturing tolerances, and joints all tend to enhance

convective heating. A reliable assessment of roughness heating associated with the

proposed TPS concepts is not possible at this time. Heating is sensitive to boundary

layer thickness as well as surface condition, and decreases with increasing boundary

layer thickness. Considering the relatively thick boundary layers that will cover the

OTV, a factor of 1.1 is felt to be realistic.

5.3.5 Atmospheric Dispersions

Analyses of measurements obtained during reentry of STS-2, 4, and 6 indicate that

relatively large variations in air density can occur at altitudes above about 230,000 ft

(ref. 26), which is below the perigee altitude of all of the low L/D OTV concept studied.

Trajectories were generated for the ballute aerobrake for each of these density profiles,

and the impact on thermal environment assessed. The 1962 Standard Atmosphere was

used as the basis for comparison. It was found that the impact of the density variations

on trajectory were negligible, and the peak reference heating rates computed with the

STS derived density profiles were in all cases lower than the corresponding values
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obtained with the 1962 Standard Atmosphere, as shown in figure 5.3-3. This result is

probably fortuitous in that the high density regions did not happen to occur at the peak

heating altitudes. The nominal heating factor of 1.13 selected for the present study

corresponds to a density approximately 28 percent greater than the reference value at

the peak heatin_ altitude. This variation roughly corresponds to the maximum value

derived from the STS measurements, although the STS variations occurred significantly

above the peak heating altitude.

5.3.6 Rarefied Flow Effects

During much of the aeropass maneuver the OTV will be operating in flight regimes

commonly referred to as free-molecular and transitional, where the term transitional

denotes that the flow is neither free-molecular nor continuum as shown in figure 5.3-4.

However, the most severe heating environment will occur near perigee, where

continuum flow methods are valid. Also, more than 95 percent of the total heat is

generated in the continuum flight regime. Consequently, aerothermal predictions for

this study are based on the usual continuum flow assumptions, although corrections are

made to account for vorticity. Conventional boundary layer methods for predicting

convective heating rates are predicated on the assumption that the viscous boundary

layer is thin compared with the inviscid portion of the shock layer. For the OTV flight

regime, Reynolds numbers are relatively low, and this condition is not satisfied. When

the boundary layer thickness is of the same order-of-magnitude as the shock layer

thickness, the boundary layer flow is influenced by vorticity induced by shock curvature.

Stagnation point heat transfer rates were corrected for vorticity effects using data

shown in figure 5.3-5, which was derived from correlations presented in reference 27.

Away from the nose cap, vorticity corrections were assumed to be one-half of the

stagnation value.

5.3.7 Base Heating

The thermal environment is much less severe in the base region than on windward

surfaces, but is also much more difficult to predict. In this study, base heating

estimates and wake closure envelopes are based on computations made using a Navier-

Stokes solver, and wind tunnel and flight measurements, depending on location and

vehicle concept. More detail is provided in the appropriate subsection for each vehicle

concept.
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5.3.8 Wake Impingement Analysis

A major concern in aeroassist device design is the size required of the aerobrake

because of weight, cost, and packaging concerns. Aerobrake size is a major contributor

to ballistic coefficient (W/CDA) and, as a result, to reentry heating and aeroguidance

dynamics.

There exists another factor that, analysis reveals, often sets the brake diameter

for a symmetric brake above that indicated by brake heating concerns. This factor is

brake impingement heating on the payload and forces brake diameter to be driven by

payload length for cases of lengthy payloads.

Remtech Report RTR 069-1 presents wake impingement heating data as a function

of vehicle angle-of-attack. Most payloads returned via the aerobrake do not have high

temperature TPS on their exterior because of weight constraints, windows, sensors, etc.

A maximum allowable heating rate during the aerobrake maneuver was determined to be

0.5 BTU/ft2 sec which results in a radiation equilibrium temperature of slightly over

600°F. 650°F is considered as a realistic limit for uninsulated structure. This value

correlates to a non-dimensionalized heating rate, as presented in the Remtech data, of

0.005 (referenced to a one foot radius hemisphere stagnation point heating rate of i00

BTU/ft2 sec). Figure 5.3-6 presents the wake turning angle, 0, as a function of angle-of-

attack, a, for a constant 0.005 heating rate ratio. It is seen that, at 10° angle-of-

attack, the wake angle, relative to the freestream flow direction, is about 22 ° and,

relative to the vehicle centerline, is about 32 °. These angles increase slowly with

angle-of-attack as shown in figure 5.3-6. For comparison, a NASA/LaRC calculation for

the ballute wake angle is about 25 ° (ballutes will always operate at 0° angle-of-attack).

As a result of examining the Remtech data, the wake impingement turning angle

criterion adopted has been 32 ° relative to vehicle centerline (22 ° wake angle and i0°

angle-of-attack). Table 5.3-2 shows a comparison of the impact on bra_<e diameter and

weight for the selection of 17.5 ° and 32 ° turning angle.

The data from the Remtech report, while valuable, are subject to interpretation.

Also, it was necessary to extrapolate the normalized heating rate from about 0.02 to

0.005, which significantly reduces data reliability. In view of the significant impact on

the vehicle, it is recommended that a more detailed study of wake impingement heating

be conducted.

5.3.9 Heating Trajectories

For the reference mission which isa return from geosynchronous orbit, braking to

a 270 nm apogee orbit, it was found that maximum reference heating rate (qo),
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reference heat load (Qo) and maximum dynamic pressure can be defined as a function of

ballistic coefficient (W/CDA), as shown in figure 5.3-7. The ballistic coefficients used

in establishing thermal environments were 22.5 percent greater than the minimum (fully

inflated ballute) value to provide a _margin for correcting for atmospheric and GN&C

errors.

5.4 BALLUTE BRAKE OTV

This section discusses the specific types of TPS concepts investigated for space

and ground based OTV's and the aerothermal predictions resulting from the analysis.

5.4.1 TPS Concepts

The four ballute concepts considered in this study are shown in figure 5.4-1. The

most conservative, and heaviest, employs Kevlar R cloth sealed with Viton R as the

load carrying gas bag, which requires flexible insulation to limit the Kevlar backwall to

600°F (upper left). Aerodynamic drag is modulated by varying the internal pressure to

control the external shape of the ballute. The second configuration (upper right) also

uses shape change to control drag, but the Kevlar/Viton gas bag is replaced by Nextel

AB-312 R sealed with an elastomer, glass frits coating (CS-I05), which can be used one

time at temperatures in excess of 1500°F (ref. 28). The higher allowable bag tempera-

tures significantly reduce the insulation weight on the outside of the ballute.

The third concept (lower left) requires that the engines be operated at either

tankhead or low pumped idle during the aeropass. Because of the interaction between

the let counter flow provided by the engine exhaust plume and the ambient flow, the

tankhead idle provides a drag level nearly an order of magnitude higher than that

occurring at pumped idle, which provides the control authority required to correct for

trajectory errors and atmospheric dispersions (ref. 29). In addition, the exhaust flow,

which is much cooler than the ambient gas, provides cooling for the nozzles and over

some or all of the windward surface. The fourth approach studied was to include both

the high temperature gas bag and jet counterflow.

Two concepts for attaching FSl to the load carrying fabric are shown in figure

5.4-2. Most of the heat transferred to the FSI during the aeropass is reradiated to space.

However, radiation to space is partially blocked in the crevices between the lobes (see

subsection 5.4.2.3). Consequently, lobing of the external FSI should be minimized. With

either of the concepts shown, it should be possible to essentially eliminate lobing of the

FSI for a fully inflated ballute, which would also minimize crevices for a partially

(turned down) ballute.
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5.4.2 Aerothermal Predictions

5.4.2.1 Ballute Angle Effects

The initial ballute design assumed for this study provided a surface angle of

60 degrees relative to the free-stream flow when the ballute was fully inflated.

Subsequent studies indicated that increasing this angle to 70 degrees would provide

several advantages, including improved stability and turndown capability. The impact

on heat transfer distribution is shown in figure 5.4-3. The 70 degree ballute provides a

significant reduction in heat transfer near the nose. These results are based on modified

Newtonian pressures, which may not be valid at these large angles. Experimental

verification of these trends is needed.

5.4.2.2 Turndown Effects

Decreasing the ratio of internal ballute pressure to that of the ambient flow

reduces both the drag coefficient (CD) and projected area (A) to provide a means for

controlling flight path during the aeropass maneuver. Local surface angles are also

reduced, resulting in lower heat transfer rates, as shown in figure 5.4-4. Except for

figure 5.4-4, all heating rates and heat loads presented are based on a fully pressurized

ballute, since it must be assumed that the maximum drag condition could be required at

any time during the aeropass. Also, the lower heating levels associated with turndown

are at least partially compensated by the increased lobing associated with decreased

cross-sectional areas, resulting in deeper crevices where radiation to space is impeded.

5.4.2.3 Crevice Heating

A worst case analysis was conducted to assess the potential severity of the crevice

radiation blockage problem. Assumptions include an isotensoid ballute shape with

½ inches of FSl lying directly on the ballute surface and no reduction in convective

heating rate in the crevice. If all of the convective heating is assumed to be re-radiated

to space, the effective heating rate in the crevice is

qeff = qconv/VF

where, VF is the view factor to space.

Effective heating rates in the crevices are shown for both a fully inflated and a

fully turned down ballute configuration in figure 5.4-5. Results show that the most
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severe FSI heating condition is at the ballute (aeroshell interface), where lobing is

insignificant, and that heating is well below the 35 BTU/ft2-sec limit for an expendable

FSI system. Using FSl attachment techniques discussed in subsection 5.4.1, it should be

possible to essentially eliminate crevices in the FSI with the ballute fully inflated, with

relatively shallow crevices occurring at the minimum drag condition.

5.4.2.4 Engine Modulation Effects

Drag modulation using engine exhaust has been considered as an alternative to

controlling drag by varying ballute shape. Drag modulation is accomplished by operating

the engines at either tank head idle or low pumped idle with the engine exhaust directed

into the free-stream flow. [n addition to controlling drag, the exhaust flow should also

provide some cooling of the windward surface, since the enthalpy of the exhaust gas is

much lower than that of the free-stream.

Balance tests of ballute configurations with and without jet counterflow were

conducted in the NASA Langley 22 inch Mach 20 helium tunnel (ref. 29). Results shown

in figure 5.4-6 indicate that the ballute drag can be varied by nearly an order of

magnitude by modulating the ratio of the momentum flux of the engine exhaust to that

of the ambient flow. Note the drag coefficient shown in figure 5.4-6 represents only the

drag on the ballute, and does not include the contributions of the center body. Using

two 7500 Ibf thrust RL 10-3 engines, it is estimated that tank head idle will provide

about 25 Ibf thrust from each engine, resulting in a total momentum ratio of

approximately 0.000057. Pumped idle can achieve up to about I0 percent thrust, or

1500 Ibf, which should provide a drag coefficient nearly an order of magnitude lower

than the pumped idle value.

The thermal design of the engine modulated ballute must be based on the tankhead

idle thrust levels, since that condition results in the more severe heating environment.

Reliable methods and data needed to establish reliable thermal predictions in this area

are lacking, so these predictions are subject to large uncertainties. The "no mixing"

prediction shown in figure 5.4-7 is based on the assumption that the exhaust flow

expands isentropically around the vehicle, and is not influenced by the ambient flow. A

more realistic, but stilloptimistic approach is to assume that the heating levels are the

same as for a transpiration cooled surface where the exhaust flow is injected into

boundary layer flow uniformly over the upstream surface area. These results indicate

that the exhaust flow will significantly reduce heating rates near the nose, but these

effects will diminish about half-way around the windward face. The heating distribution

assumed for the present studies is probably conservative except possibly at boundary
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layer reattachment locations. Boundary layer reattachment is usually characterized by

large but highly localized heating spikes. The boundary layer will be separated near the

engine nozzles, but the reattachment location cannot be determined for the low thrust

condition. For the pumped idle condition reattachment will probably occur at an S/RB

of 0.6 or more, but the higher mass flow rates should result in heating rates less than

the values shown, even at reattachment.

5.4.2.5 Base Heating

The heating distributions on the aft surface of the ballute are extrapolated from"

computations made by Dr. Peter Gnoffo of NASA/LaRC on a 25 foot diameter ballute

using the Solution Adaptive Finite Volume Algorithm (SOFIA, ref. 30). Results are

shown in figure 5.4-8. It was necessary to modify the base geometry as shown in order

to obtain a solution. Consequently, results are probably not valid for expansion angles

greater than about 90 degrees. Heatihg estimates at other base locations are shown in

figure 5.4-9. Heating ratios on the side of the debris shield covering the cryogenic tanks

and OTV structure was estimated using extrapolations of wind tunnel data obtained on a

Venus Orbiting Imaging Radar (VIOR) configuration (reference 31). On the aft facing

surface near the vehicle axis itwas assumed that:

# 0

q/qref : 0.02

where qref is the predicted stagnation point heating rate for a hemisphere of the same

radius as the brake. This approximation is consistent with Viking wind tunnel data

presented in reference 32, and Apollo wind tunnel and flight data found in references 33

and 34. Thus, for a 25 foot radius ballute,

e I

q/qo --0.02/V' 25 = 0.004

Predictions based on correlations published by Bulmer (reference 35) were less

than one-third of this value. Analyses were conducted using both methods to determine

the sensitivity of TPS and thermal control requirements to methodology used in

predicting environments. No methods or data are available for assessing effects of

engine modulation on base heating, but these effects are expected to be small.

5.4.3 Insulation Requirements
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5.4.3.1 Thermal Models

Transient temperature analyses were conducted using the Boeing Engineering

Thermal Analyses (BETA, ref. 36) based on axisymmetric thermal models such as the

one shown in figure 5.4-10. Thermal transport modes considered include ballute internal

radiation and radiation between ballute external surfaces and debris shield covering the

OTV structure and cryogenic tankage. Results from these analyses were used to verify

and supplement transient temperature predictions obtained with one-dimensional analy-

ses made using the Convective Heating and Ablation Program (CHAP, ref. 37), which

were used for most of the insulation sizing trades.

5.4.3.2 Space Based OTV BaUutes

600 Degree F Ballute - Maximum temperatures and required insulation thicknesses for

the 600°F backwall ballute without engine modulation are shown in figure 5.4-11.

Results indicate that no insulation is required on the base of the ballute or over the

aluminum debris shield with the possible exception of the aft facing surface. With the

aft facing surface no insulation is required with the lower heating rates based on

reference 5.4-10 correlations, but some insulation could be required for the higher

predictions obtained by direct extrapolation of Viking and Apollo data.

1500 Degree F Ballute - Increasing the backwall temperature of the ballute greatly

increases the quantity of heat that is dissipated by radiation from the base of the

ballute. For this reason insulation thicknesses on the windward face of the ballute can

be reduced to about 0.I inches for the high temperature condition, as shown in figure

5.4-12. Even less insulation is required over much of the ballute, but lower thicknesses

are felt to be impractical from a fabrication standpoint.

A negative feature of this approach is that the ballute radiates much more heat to

the OTV structure and debris shield, necessitating the addition of insulation to these

components. Also, 3/8 inch of insulation is required on the base of the ballute to

prevent overheating avionics components (see subsection 5.4.4).

Engine Modulated Ballute - Insulation requirements for the 1500OF backwall ballute with

engine modulation are nearly the same as for the no-engine modulation concept except

that no rigid TPS is required on the aeroshell. Insulation requirements for the 600°F

backwall ballutes with and without engine modulation are shown in figure 5.4-13.
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5.4.3.5 Ground Based OTV BaUutes

Maximum temperatures and insulation thickness requirements for a 1500 degree 33

foot ballute used for a GB OTV are shown in figure 5.4-14. This configuration is

proposed for delivery payloads up to 12,000 Ibm and no return payload. Insulation

thicknesses are nearly double those shown for the 50 foot ballute previously shown in

figure 5.4-12 because of a higher ballistic coefficient and smaller ballute size. The

aluminum debris shield over the aft structure and cryogenic tankage shown for the space

based systems has been replaced with a graphite/polyimide structure. Results show that

minimum thickness (0.1 inch) FSl over this structure will prevent the graphite/polyimide

temperatures from exceeding the 600°F limit.

Results are inconclusive with regard to insulation requirements on the aluminum

debris shield covering the base of the vehicle. Since it is a non-load carrying structure,

a temperature limit of 600°F has been assumed. Some insulation is required based on

the high estimate (q/q ref = 0.02), but not for the low (Bulmer) prediction. The debris

shield temperatures are for a surface in radiation equilibrium, and are probably

conservative. The location of the separation streamline indicates that wake

impingement heating may occur on the aft structure. However, since insulation is

already required on these surfaces, the impact on TPS weight should be small.

Corresponding temperature and insulation data for a 66 foot diameter ballute are

presented in figure 5.4-15. This ballute issized for manned sortie missions, and includes

a 7500 Ibm return payload. Because of a lower ballistic coefficient and larger ballute

size, the insulation thicknesses required on the front face of the ballute is one-half that

required on the 33 foot ballute. Convective heating rates on the base structure are

much lower than for the smaller ballutes, but benefits of the lower convective heating is

offset by increased radiation from the base of the ballute due to a higher view factor.

The location of the separation streamline indicates that wake impingement heating on

the manned cab will not be a problem, but better methods for predicting recirculation

heating are required before a meaningful determination of insulation requirements on

the manned cab can be made.

5.4.4 Aeromaneuver Impact on Avionics

Due to the close proximity of the avionics ring with the ballute, the avionics

thermal environment is dominated by radiation from the base of the ballute.

Temperature profiles for the ballute base are shown in figure 5.4-16. The uninsulated

base of the 1500°F ballute reaches a maximum temperature in excess of 1000°F, but
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3/8 inches of FSI reduces this temperature to less than 500°F, which is about the same

level as with the 600°F backwall ballute.

The impact on selected avionics components isshown in table 5.4-1. Either active

cooling or additional heat sink capacity is required in all cases to prevent the power

amplifier from exceeding its qualification temperature. Probably the simplest and most

reliable methods of passively cooling electronics for short periods is to use materials

with a melt temperature slightly below the allowable component temperature, thus

utilizing the latent heat of fusion to absorb excess heat. In this case myrietic acid,

which has a melting temperature of 150°F, was selected as the phase change material

(PCM). The weights shown are for the PCM only, and do not include the structure

required to contain the PCM in its molten state.

5.5 LIFTING BRAKE OTV

5.5.1 TPS Concept

The lifting brake TPS concept is similar to that for the ballute in that it consists

of RSl/SIP over a rigid aeroshell, and FSI over Kevlar sealed with Viton providing most

of the brake surface, as shown in figure 5.5-1. The FSI/Kevlar flexible surface is

supported by 24 ribs as shown. Methods for attaching the FSl/Kevlar to the aeroshell

and ribs are shown in subsection 2.2.2.

5.5.2 Aerothermal Predictions

Heating patterns on the windward face are shown in figure 5.5-2 for 10°, 20 °, and

30 ° angles-of-attack. These patterns are derived from experimental data obtained on a

4 inch diameter model in the NASA/Langley 31 Inch Mach I0 Tunnel (ref. 38). Heat

transfer ratios near the nose cap and trailing edge were adjusted to account for

differences in nose and trailing edge radii. No data were obtained at 20 ° angle-of-

attack, so the patterns for 20 ° shown in figure 5.5-2 were interpolated from data

obtained at 15 ° and 30°. Results indicate that peak heating rates do not vary much with

angle-of-attack on either the FSI or RSl surfaces, although the peak heating location on

the FSl moves from near the leading edge to the fabric/aeroshell interface as angle-of-

attack isreduced from 30 ° to I0 °.

Heating ratios in the base region are shown in figure 5.5-3 for i0° angle-of-attack.

Methods used to estimate the heating near the axis are the same as were assumed for

the ballute, with the high value based on extrapolation of Viking and Apollo data, and

the low value computed using methods presented in reference 5.4-6. The envelope
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required to avoid excessive wake impingement heating was derived from wind tunnel

data presented in reference 5.5-1, and plotted in figure 5.5-4. The envelope boundary
0 #

was selected to ensure that impingement heating ratios (q/qo) do not exceed 0.005,

which will limit maximum heating rates to roughly 0.5 BTU/ft2-sec. These predictions

are subject to large uncertainties due to real gas effects and possible distortions in

separation patterns resulting from the sting position.

5.5.3 Insulation Requirements

FSl and RSI thicknesses required to satisfy the insulation sizing criteria given in

subsection 5.2.3 are shown in figure 5.5-5 for an angle-of-attack of 10°. The FSl

thicknesses are based on view factors to space varying from 0.2 near the aeroshell to

0.625 on the trailing edge.

A brief analysis was also conducted to determine potential savings in insulation

from increasing the allowable temperature of the load carrying fabric from 600°F to

1500°F. As with the ballute, the increase in temperature capability could be achieved by

replacing the Kevlar/Viton fabric with Nextel AB312/CSI05. Results are shown in

figure 5.5-6. The increased backwall temperatures necessitate the addition of insulation

over the structure behind the brake. Total insulation on the brake and debris shield is

reduced by about 30 percent, excluding the insulation that must be added to the ribs and

braces. The reason that the increase in backwall temperature did not result in the

dramatic reduction in insulation that was obtained on the ballute is that the reduction in

insulation is possible because of increased heat dissipation by radiation from the base,

but with the liftingbrake, much of this radiation is blocked by the debris shield covering

the aft structure and cryo tanks. For a space based system the reduction in insulation

weight is not considered to be sufficient to compensate for the loss in reusability,

especially when the added rib and brace insulation iffactored in.

5.5.4 Aeromaneuver Impact on Avionics

Predicted peak temperatures of selected avionics components is shown in table

5.5-1. Solar radiation effects were included. Results are inconclusive with regard to

the need for additional cooling. Predictions based on the high estimate (Viking and

Apollo data) show that 2.1 Ibm of PCM are required to protect the power amplifier, but

no PCM is required for the lower heating estimate (Bulmer).
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5.6 SHAPED BRAKE OTV

5.6.1 TPS Concept

The TPS concept on the windward brake surface is the same as for the rigid

aeroshell surfaces on the ballute and liftingbrakes as shown in figure 5.6-1. Hexagonal

FRCI type tiles are bonded to a SIP, which is then bonded to the graphite/polyimide

structure. If required, FSI will be used inthe base region to protect the debris shield.

5.6.2 Aerothermal Predictions

Heating patterns on the windward face are shown in figure 5.6-2. The heating

distribution along the line of symmetry projecting downward from the nose cap in figure

5.6--2 was computed using the rho-mu code assuming a modified Newtonian pressure

distribution. The stagnation point heat transfer ratio is based on an effective

hemispherical nose radius of 18 feet. Heating ratios on the rest of the nose cap were

obtained by adjusting the stagnation point value for surface angle relative to the

stagnation point. Similarly, distributions on the remaining windward surface areas were

obtained by adjusting the heating rates along the line of symmetry to account for

surface angle relative to the free-stream flow.

Heating predictions in the base region presented in figure 5.6-3 are essentially the

same as for the lifting brake. The wake impingement envelope was established from

data previously presented in figure 5.5-7, and isconsidered to be very approximate.

5.6.3 Thermal Analysis Verification

The BAC Boundary Layer Analysis Program (BLAP) has been used to determine

heating rates for and thermal response of shaped aerobrake concepts. Testing

conducted by NASA/LARC has provided data with which BLAP can be compared.

Figures 5.6-4 and 5.6-5 show this comparison for points along the shaped brake

centerline and for points perpendicular to the centerline, respectively. It will be noted

that the computer program tends to overpredict heating rate at or near the stagnation

point and tends to underpredict heating rate near the edge of the brake. This difference

is primarily due to real gas effects which are included in the program while, due to the

low tunnel air temperatures, the test closely approximates an ideal gas response.

Actual heating rates are expected to match more closely with the BLAP results. The

overall program/data correlation is considered excellent and verification established.
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5.6.4 Insulation Requirements

RSI thickness requirements for the shaped brake are presented in figure 5.6-6.

These thicknesses are based on a maximum RSI/SIP temperature of 550°F with a tile

density of 12 lbm/ft3 with a specific heat and thermal conductance properties

equivalent to FRCI-20-12. As with the ballute and lifting brake configurations, more

reliable base heating predictions are required before a meaningful assessment of

insulation requirements in this area can be made.

5.6.5 Aeromaneuver Impact on Avionics

Thermal control requirements for the shaped brake are identical to those for the

lifting brake (see subsection 5.6.3 and figure 5.5-6).

5.7 MISSION IMPACT AND AEROTHERMAL UNCERTAINTIES

The aerobraked return from lunar and planetary trajectories results in a thermal

environment significantly more severe than a return from a geosynchronous orbit.

Uncertainties in the thermal environment limit predictive capability and may result in

excessive conservatism with attendant weight penalties. These subjects are discussed in

detail in the following sections.

5.7.1 Mission Impact

Predicted heating rates for three aerobrake types and three mission types are

shown in Table 5.7-i for both flexible and rigid surface insulations (FSI and RSl). Also

shown in this figure are materials limits projected for 1990 assuming normal growth

(NG) of materials technology and advanced growth (AG). The circled values highlight

predictions that exceed expected normal technology growth capability by 1990. It is

seen that advanced technology growth is expected to satisfy the requirements for the

worse-case mission.

An evaluation of the impact on total TPS weight for up to a 50% increase in heat

load over that resulting from GEO return has been made for the shaped, symmetric, and

ballute brakes. This evaluation is depicted in figure 5.7-1. For comparison, the

percentage increase due to planetary and lunar return are shown. It is seen that the

lunar return results in a TPS weight increase of between 60 and II0 Ibm, depending on

the brake concept used. Figure 5.7-2 illustrates,for the ballute concept, the change in

TPS thicknesses dictated by a 50% increase in heat load over GEO return. It is seen

that the changes are small.
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5.7.2 Aerothermal Uncertainties

The approach used to determine the aerothermal environment was to use

conventional boundary layer methods to establish nominal heat transfer distributions,

and then to apply appropriate factors to account for surface roughness, gas radiation,

surface catalysis, ratified flow effects, and atmospheric variations. Specific factors

used are given in Table 5.7-2. The net result is that a factor of 1.05 plus a vorticity

correction of 8 to 20 percent is applied to all nominal heating rates. The justification

and rationale for these factors isdiscussed in Section 5.3 where the nominal values used

are derived. This subsection will discuss the uncertainties associated with catalysis, non-

equilibrium radiation, and atmosphere dispersions. Surface roughness variations are

considered to be primarily dependent or specific surface details and, hence, are not

addressed.

Catalysis. Surface catalysis is affected, to a significant extent, by materials used.

Therefore, uncertainties or dispersions from an average can be large. The nominal value

used is 0.7 but can vary from 1.0 to as low as 0.4.

Non-Equilibrium Radiation. The uncertainty in establishing a value for non-equilibrium

radiation stems from a sparsity of data for very high Mach number reentry and

variances in surface absorptivity for various materials and also as a result of response to

heating. The maximum non-equilibrium heating is considered to be 36% higher than the

nominal and the minimum 22% lower.

Atmosphere Dispersions. The dispersions in atmospheric density

heating rate excursions of x10%.

will result in peak

Summary. Table 5.7-3 shows a compilation of the predicted heating rates with the high

and low extremes for the three aerobrake concepts for both flexible and rigid surface

insulations. Limits for these materials, assuming normal technology growth (NG) and

accelerated technology growth (AG) to 1990, are shown. The circled values represent

requirements that exceed normal 1990 technology growth projections. The shaped brake

uses only rigid insulation so no FSl data are shown. Note that the lifting and shaped

brake require the least technology growth for the RSI while the ballute is somewhat less

demanding than the lifting brake for the FSI.
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5.8 SUMMARY COMPARISONS

A summary of the thermal environments to which each OTV concept will be

subjected are shown in tables 5.8-1 and 5.8-2 for space based and ground based vehicles,

respectively. Reference heating rates range from 103 to 131 BTU/ft2-sec. In all cases

the maximum heating rate predicted for the FSl surfaces exceed the capability of the

AFRSI blankets, but TABI with silicon carbide external fabric, which is currently

undergoing thermal tests, is expected to provide the needed capability. FRCI-20-12,

which is employed on space shuttle orbiters starting with "Discovery" appears to be

adequate as an RSl system for the liftingand shaped brake, but an increase in maximum

heating rate capability of roughly 10 percent is needed for the ballute configurations.

Development programs are underway that are expected to provide the required RSl

capability prior to 1990.

Advantages and disadvantages of each ballute OTV concept, with regard to

thermal protection, are tabulated in table 5.8-3. The ballute and associated TPS is

considered expendable for all of the ballute concepts. The most conservative, and least

risk, ballute design is the 600 degree baekwall case without engine drag modulation. A

major concern regarding this concept isthe effectiveness of controlling the drag, which

relies on varying the ratio of internal to ambient pressure to achieve shape changes. It

should be noted, however, that the feasibilityof this concept does not rest on turndown

effectiveness, since trajectory errors not corrected aerodynamically can be corrected

propulsively, but with a weight penalty (see section 6).

Increasing the ballute temperature to 1500 degrees F significantly reduces

insulation requirements. Risks associated with this concept are considered to be slightly

higher than for the 600 degree F Kevlar/Viton ballute, although Nextel AB-312 fabrics

have been tested to temperatures over 2000 degrees F, and CSI05 sealant has been

tested to 1500 degrees F (reference 28).

The engine modulated ballute offers the potential for the minimum weight system,

and also eliminates the need for turndown through ballute shape change and nozzle

cover doors. However, this system is the least understood and, consequently, most risky

of the ballute OTV concepts. The greatest concerns are in regard to interactions

between the exhaust and ambient flows, with the potential for unsteady flow resulting in

non-uniform cooling and ballute flutter. We feel that potential advantages of this

system justify additional research.

A similar assessment of the liftingand shaped brake is given in table 5.8-4. The

lifting brake exhibits many of the same concerns as the ballute concepts, except that

the drag modulation problems are eliminated. The concern with debris damage is that a
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hole in the FSI would be very difficult to detect, and flow of the hot boundary layer gas

through a hole could be catastrophic. The disadvantage of the 1500 degree F. lifting

brake is that the savings in insulation weight is less than for the ballute, and the brake

and TPS will probably have to be replaced after each flight. The replacement of the

brake fabric is deemed to be much more difficult than replacing a ballute (see

subsection 2.2.2). The replacement requirement is the result of the CS105 sealant,

which we feel is required to prevent the hot boundary layer gas from penetrating into

the FSl.

Our analyses indicate that space shuttle TPS technology is adequate for the shaped

brake. Consequently, from a thermal standpoint, the shaped brake is deemed the least

risk approach of all of the concepts studied. A potential disadvantage of a space based

system isthat, if tile damage should occur, replacement in orbit could be difficult. The

same concern applies to RSl surfaces on the bailute and lifting brakes, but the risk is

less because of the smaller areas involved.

5.9 AEROTHERMAL ISSUES

Three key aerothermal issues are identified in table 5.9-1, the first two of which

are common to all of OTV concepts studied. The discrepancies in predicted gas

radiation heating rates are unacceptable, and resolving this issue is considered a top

priority technology item.

Although heating levels in base regions are orders of magnitude less than on

windward surfaces, a more accurate determination of the environment in these regions

is required to optimize packaging arrangement, define insulation requirements, and

establish avionics thermal control requirements.

The engine modulation (jet counterflow) method for modulating drag and actively

cooling the ballute offered a small (1%) advantage in performance over an active

turndown approach and may merit further investigation.

The effects of mission variations and aerothermal uncertainties also has been

examined. Table 5.9-2 summarizes the effects of these factors on TPS weight for the

three aerobrake types studied. The ballute is the least affected while the shaped brake

is the most affected. These magnitudes and brake-to-brake differences are small but,

at a factor of 8:1 for lift-off weight to propellant to GEO, an 80 ibm TPS difference is,

in reality, a 640 Ibm launch penalty. Aerothermal uncertainties are more significant

than mission differences and, since the mission to be flown is an absolute, offers the

most opportunity for resolution and potential weight reduction.

294



D180-29108-2-3

o.j

8_ e

Idd
..I
e_

..I

<

tll

...I

..J

I

cr-

UZ

ua_
, m

z_

_- Z_

_o

zz _=
u_ u.J

>-_

z_ -_-
zo

__o z

Z_- _"

u_(J__= _z
_ <[ (j_ -

_.,-= =
ON,,,

._,1

.d

Z
I

e_

,,-I,

_Z_
_Z_
_-_

__o
_X_

_Z_Z
_>OZ_

©

295



¢1)
tla

u

..I

er-
i11
-T-

O

Q.;

<

0

>.

H.

Z
uJ

m

i

0

>.

m

m

Z
W

D180-29108-2-3

I,-

¢,ne_

_ <

I---

<1

0 0 0

>.

<

< Z
0 Z <
ILl _
(.9 .d _.

W
_.=
_U_

(J

>.

,<

l.U

Z
<
.=J

Z
0

m

_=

w
(J

Z

0
(.J

<
0 Z
w

(J
m

_=.
uJ uJ

_v

>. r_"

i_l t.O _==

(J

>-

n-

<[

_" u_

< Z
O Z

u._ w

__.r_

296



D180-29108-2-3

5.10 THERMAL CONTROL

Thermal control of an OTV's fuel cells, RCS, cryo propellant, and avionics is

essentially the same for each of the concepts investigated. A description of the

approach used in each area follows.

Thermal control of the fuel cells is provided by an active thermal conditioning

system consisting of a Freon 11 fluid loop with a radiator, located on the body shell

exterior, and the associated pumps, valves, and control elements. The passive thermal

control techniques include insulation blankets, thermal control coatings, and selected

radiative surfaces. The thickness of the aluminum used for the avionics ring assembly is

controlled to provide for proper heat flow from internally mounted components and its

exterior surface is covered with flexible optical solar reflector (FOSR) to provide the

radiative surface. Electrical heaters are provided for RCS components and avionics

equipment as required. The LH2 and LO2 tanks are insulated using MLI. The MLI

consists of layers of doubly aluminized kapton with a dacron net spacer. Thirty-four

layers of MLI are used on the LH2 tank and fifty layers on the LO2 tank. The selected

MLI layers result from the data shown in figure 5.10-I which shows the minimum

combined weight for the MLI and propellant boil-off. A mission time of 96 hours was

used in the selection process. The selected MLI approach results in an average

propellant boil-off rate of 2.9 Ibs/hr for GEO delivery missions. The MLI wrapped tanks

are enclosed within purge barriers which are purged with dry gas (helium for the LH2

tank and nitrogen for the LO2 tank) prior to launch.
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6.0 GUIDANCE AND NAVIGATION

The guidance and navigation (G&N) analysis was focused on those aspects dealing

with an OTV using aeroassist for return back into low earth'orbit. One goal was to

develop a generic guidance algorithm which is applicable to all aeroassist concepts.

This algorithm was then used to evaluate the impact of atmospheric dispersionson the

guidance performance for the differentvehicle designs. The output from the guidance

analyses isan assessment of the propulsiveA velocity allowances to be carried by each

aeroassistvehicle concept to correct for guidance errors after the aeroassistmaneuver.

6.1 AEROASSIST GUIDANCE AND NAVIGATION CONSIDERATIONS

This paragraph addresses the systems to be used to support the transfer from GEO

to reentry and the resultingerrors,the aeromaneuver error sources, and the guidance

algorithm used during the aeromaneuver.

6.1.1 GEO to Atmosphere Entry Analysis

A precise navigation system isrequired to meet the accurate atmospheric reentry

requirements of the OTV mission. Accurate position, velocity, body attitude, and

acceleration measurements are necessary to effect the transfer. Navigation

components needed may include a Navstar global position system (GPS) navigator (ref.

39), a star tracker, an accurate rotational inertialreference unit (IRU) and orbit

propagator, and an accurate clock.

The Navstar GPS will provide the autonomous and accurate position and velocity

measurements desired. Navstar GPS isa satellite-basednavigation system that provides

accurate three-dimensional positionand velocity information to users on or near Earth.

The system employs 18 satellites in 55-deg, inclined, circular, 12-hr orbits.

Figure 6.1.1-1 shows the GPS configuration.

The near-Earth user measures pseudo-range and pseudo-range rate values using the

navigation signal from each of four GPS satellites, where "pseudo" is the true value plus

an offset due to the user's clock error. Each signal contains ephemeris data and system

timing information for that GPS satellite, allowing the user to estimate its three-

dimensional position and velocity. For the near-Earth OTV burn, the user can expect

one standard deviation position error of 15 to 50 ft (ref. 40).

The geosynchronous user also measures pseudo-range and pseudo-range rate to one

or two or, on rare occasions, three GPS satellites. Figure 6.1.1-2 shows the expected

299



D180-29108-2-3

>

0

c

i ,°
-- .,.,.I

3OO



D180-29108-2-3 '.D

I---

O

I I

c.

I

Lg_

I

_I3_WAN

ii

}

,i

_. =.
Smm

l

o

I

Z
i

ELI

C-

Lu

,.L

301



D180-29108-2-3

number of GPS satellites in view. User measurements can be made sequentially with a

simple 5-or 10-turn helical antenna as the GPS satellites become visible. Orbital

dynamics, GPS signals, and the user's clock information must be combined to accurately

navigate the geosynchronous satellite. Figure 6.1.1-3 shows the steady state estimated

3-sigma spacecraft position error using this system. Figure 6.1.1-4 shows the same data

using a highly accurate user clock. The tables show that the OTV user can expect

worst-case root mean square (RMS) position errors on the order of 300 ft prior to the

geosynchronous deorbit burn.

After the deorbit burn, a period of time is required to acquire GPS satellite

observations and improve the user's position and velocity estimate. In some cases this

process may require waiting until the user is below the GPS constellation (i0,000 nmi),

about I hr prior to atmospheric reentry. When four GPS satellites can be acquired at

one time, an accurate position and velocity fix can be computed in about 5 rain. When

the new GPS fix is computed, midcourse corrections can be made ifnecessary.

The accuracy of the geosynchronous deorbit burn is also related to the navigation

estimate of the vehicle attitude and the accumulated A V during the burn. Prior to the

deorbit burn, a star tracker update will reduce the navigation attitude errors and hence

improve the burn direction control. Because the postburn GPS update will take some

time to acquire, the IRU must accumulate acceleration for A V control and the orbit

propagator must provide the position, velocity, and attitude estimate. Table 6.1.1-1

shows expected errors of presently available sensors. Table 6.1.1-2 shows the effect of

those errors on the OTV burn control.

Experience with the IUS has shown that guidance and navigation errors are nearly

independent. Independent error sources can be combined with root square sum (RSS) to

obtain a total system accuracy estimate. Table 6.1.1-3 shows the guidance and

navigation errors and the combination of those errors into altitude, velocity, flightpath

angle, bank angle, and angle of attack to be quite small. The fuel used to remove the

initial dispersion is also shown. The combined reentry errors of the described OTV

avionics system are quite small.

6.1.2 Aeromaneuver Error Sources

The principal source of error during the aeromaneuver trajectory is due to the

unpredictable density variations in the thermosphere. Data from STS flights indicate

that there are atmospheric dispersions that have not been predicted by existing

atmospheric models. More knowledge of the thermosphere will mean expanded mission
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Table 6.1.1-1. Inertial Sensor and RIMU Attitude Propagation Accuracy

Accelerometer Accuracy

Bias

Scale Factor

RSS (bias and scale factor)

(1-sigma) 27.3 mg

(3-sigma) 0.00264 ft/s2

(1-sigma) 17.2 ppm

(3-sigma) 0.00088 ft/s2

(3-sigma) 0.00278 ft/s2

Star Scanner Accuracy (3-Sigma)

2.0 arc rain per axis capability

4.8 arc rain per axis IUS specification

The IUS specification isconservative, 2.0 arc rain per

axis isattainable; 2.0 arc rain= 0.033 deg.

Attitude Propagation, GEO to LEO (3-sigma)

0.31-deg RM per axis

Table 6.1.1-2. Effect of Inertial Sensor and Navigation Errors on

AOTV GEO and LEO Burn Accuracy

Geosynchronous Deorbit Burn (330-See Nominal Duration)

Accelerometer Error

Vehicle Attitude Error

0.91 ft/s (3-sigma)

4.6 ft/s (3-sigma)

LEO Burn (10-Sec Nominal Duration)

Accelerometer Error

Vehicle Attitude Error

0.028 ft/s (3-sigma)

0.89 ft/s (3-sigma)
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capability and fewer design restrictions. A survey of existing atmosphere models

identified deficiencies and methods of improving the models.

The four atmosphere models surveyed were GRAM, Global Reference Model (ref.

41); Air Force Reference Atmosphere (ref. 42); U.S. Standard Atmosphere 1976; and

CIRA 1972, COSPAR International Reference Atmosphere 1972 (ref. 43). Of the four

models GRAM is the most appropriate for OTV application. Although CIRA was not

considered, J.T. Findlay et.al., (ref. 44) share the conclusion that GRAM is the best

atmosphere model available for OTV. The Air Force 1978 model was rejected because it

is limited to 90 km which is below the effective atmospheric limit for OTV. Although

the U.S. Standard 1976 atmosphere covers the entire altitude range of interest it was

rejected because it is known to have deficiencies above 70 kin. CIRA was rejected

because it is similar to GRAM, but does not have as many variables modeled. Figure

6.1.2-1 summarizes the differences between the models.
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The advantages of using GRAM for the OTV reference atmosphere model are that

it includes more of the predictable atmospheric variables than any of the other models

and that it includes wind and perturbation models. GRAM includes solar and

geomagnetic activity, diurnal, semi-annual, seasonal, latitudinal, and longitudinal

variation. Of particular interest isthe random atmosphere model which will produce a

perturbed atmosphere with realistic time and spatial correlations. Some of the

drawbacks to the GRAM model that are also shared with other models are that the OTV

region of interest overlaps the region of sparse data, that the southern hemisphere is

modeled as a six month displacement of the northern hemisphere, and that the overall

data base is old. Another problem with GRAM is that between 90 and 115 km the data is

generated by a fairing technique between the Jacchia and Groves models. This

smoothing is achieved at the cost of accuracy. Discussions with C. G. Justus, one of the

authors of GRAM, have provided ideas for improving GRAM for OTV. He suggested that

the Groves model is more reliable in the region of overlap than the Jacchia, and that it

would be a relatively straight forward task to update the mean data base as well as the

statistical data base as more data becomes available.

Although the CIRA 1972 model does not have any advantages compared to GRAM,

discussions with K.S.W. Champion at the Air Force Geophysics Laboratory revealed that

the model is being updated to include more data and more variations. In particular the

new version will have longitudinal variations and will use southern and northern

hemisphere data. The first phase of the revision to cover the 18-80 km range will be

available in late 1985. The second phase covering 80-120 km will be available late in

1986 or early 1987. It is possible that the revised CIRA data could be incorporated into

GRAM. More work, however, would still have to be done to update the GRAM

statistical base.

By reviewing the four atmosphere models and the STS measured density profiles it

has been shown that a more accurate model of the mean atmosphere, as well as better

temporal and spatial correlations of the dispersions are needed. As previously

mentioned, the work associated with CIRA will provide some update to the mean data

base. T.J. Findlay et.al.,have been studying STS data to provide an OTV data base.

The STS profiles do provide a detailed realistic picture of what a typical atmosphere

would be, but the number of flights is limited which makes any statistical analysis

difficult. On the other hand, there is a plentiful supply of Robin Sphere data available

in the region of interest. In particular, Ascension Island (7o59' S 14o25'W) and Kwajalein

(8o44'N 16o44'E). Nick Engler of the University of Dayton Research Institute indicated

that there are at least five years and 500 flights worth of Robin Sphere data on tape
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ready for processing. He also described the following Robin Sphere experiments that

have been performed: every Wednesday at noon for five years; at Barking Sands and

Point Magu simultaneously. The primary drawbacks to relying solely on Robin Sphere

data are that no wave phenomena can be observed above 70 km and that it is not

sufficient for temporal and spatial correlations.

Data from lidar experiments, unlike the Robin Sphere, can be used to show the

existence, propagation, and dissipation of gravity waves. Density profiles from lidar

soundings at the observatory of Haute Provence (44ON, 6OE, 30-100 kin) (ref. 45) have

shown systematic wavelike structures. Lidar data can be used to provide temporal and

spatial correlations not readily available from other sources. An extensive experimental

lidar data base is not available for an immediate update to the models but these

experiments do indicate the potential of using lidar.

Another source of error is unpredictable variations in vehicle aerodynamic

characteristics caused by errors in angles of attack, bank, or yaw; variations in

aerodynamic coefficients; or navigation error sensing of vehicle attitude during the

maneuver. As can be seen in Figure 6.1.2-2, the angle of attack is equal to the flight

path angle plus the pitch angle, both of which are known very accurately at entry.

Hence, the vehicle can always be trimmed to within one-third of a degree of the proper

angle-of-attack, bank, or yaw using the inertial measurement accuracy available.

Unexpected variations in vehicle aerodynamic coefficients (CA,CM, CN) are of

two types. The first comes from improper extrapolation or analysis of test data and is

generally caused by roach number, real gas, or Reynolds number effects. These

variations are generally corrected during the flight test phase of vehicle development

and cease to be a factor after the vehicle becomes operational. The second type of

variation is caused by unexpected variations in atmospheric conditions or changes in

vehicle shape (caused by wear, misrigging of controls, etc). This second type of error is

of concern here and is estimated to be 3% to 5% of the aerodynamic coefficients based

on current STS data. Note that variations in CM will appear as errors in CL and CD

because the vehicle will always be trimmed at a constant angle of attack.

6.1.3 Guidance Algorithms

One of the purposes of this study was to address the feasibility of guiding a low

L/D OTV through the atmospheric portion of its flight. Guidance during this portion of

the trajectory must respond to three primary sources of error. These are errors in

knowledge of state of the vehicle at atmospheric entry, uncertainties in the

aerodynamic characteristics of the Vehicle, and uncertainties in the estimation of
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atmospheric density. Knowledge of entry-state errors are a result of navigation and

guidance errors during the transfer from GEO to atmospheric entry. Uncertainties in

the aerodynamic characteristics of the vehicle are the result of inaccurate analytical

models and imprecise simulation of the entry environment. The atmospheric density

varies spatially, seasonally and diurnally. Errors arise because standard atmospheric

models do not address these variations.

The large uncertainties inherent in the environment of the thermosphere and the

desire for mission flexibility dictate an adaptive guidance algorithm for the OTV.

Guidance algorithms could be developed using the special characteristics of each vehicle

concept. However, in consideration of the diversity of concepts and total mission

requirements, a generic approach has been taken. The general guidance algorithm being

developed isan expansion of Gamma Guidance (ref. 46) used on the Inertial Upper Stage.

This approach will require minimal "tuning" and with its general modular structure is

readily adaptable to a large variety of vehicle concepts and mission requirements.

For the application to OTV, the equations of motion for the vehicle are shown in

figure 6.1.3-1.

The constraint equations, Ci, are targeted orbital parameters at atmospheric exit

(e.g. altitude-at-apogee, inclination, etc.). G(_) is a scaler function which may be used

for optimal guidance analysis. The general flow of the algorithm is illustrated in Figure

6.1.3-2.

This guidance approach links the development of ground software with that for

flight software because the same or similar algorithms can be used for both. It also

reduces the magnitude of preflight analysis because no preflight reference trajectory is

required. The algorithm responds to large variations in flight conditions because it

continually targets for the desired end conditions based on the current state of the

vehicle.

The major drawback to this algorithm is that it places heavy demands on the flight

computer, but with the advances being made in computer technology, this does not

appear to be a serious concern.

6.2 TRADES AND ANALYSES

Four different OTV vehicles have been simulated, Two vehicles use ballutes to

control entirely or assist in controlling the drag during the aeromaneuver. One ballute

concept is controlled by varying the internal pressure to change the shape for

controlling CDA. The other ballute concept uses engine mass flux modulation to modify

the flow field for CD control. The other vehicles are rigid aerodynamic bodies
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•--" dX _X L D
X =--=---+--+-- =F(X,;k)

dt 1_3 m m
where

= Earth centered inertial potation

= iX, Y, ZlT

= Lh% vector

= Drag vector

m = _mofvehide
and

= Control vector

The lift and drag vectors are given by:

_I 2
Z-  pv, L

and

where

-- 1 2

O = _ pV R CD(Q)A6 D

C D = Coet_aent of drag

C L = Coetrlment of Ui%

A = Refemn_ area

p = Atmosphencdensity

a = Angle of attack

V R i_ the Earth relative veloaty vector given by

where

VR=X-(w × X)

X=_
dt

Eq. 1

Eq. 2

Eq. 3

Eq. 4

= Earth rotation vector

= _0,0,11 r
The unit vectors specifying the d_rection of the lift (6L) and drag (6D} Lre given by

X xV._ VRxX xVR

6L= -- ,m _ co, _ Eq. 5
IX ×V'RI IV,× X xVal

_O = - -----'-- Eq. 8
IVRI

where I!= vehicle bank angle.

The guidance algorithm determines a control vector, which is the solution to the

following nonlinear, constrained optimization problem:

Find the minimum value of the scalar function C.dx) subject to the m constraint

equations,

Ci(Xv, X F iF.._)<0, i=l .....m Eq. 7

where X F and X F are solutions to the differential equation

Figure 6. 1.3- 1. Equations of Motion and Guidance A/gorithm
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configured to have a low L/D. For these studies the low L/D vehicles are flown at a

constant angle of attack and are.controlled by varying the bank angle.

The simulated flight for each of the vehieles is represented in Figure 6.2-1. The

reentry conditions are based on a return flight from GEO altitude. The aeropass

maneuver slows the vehicle to lower the apogee of the orbit. After exiting the

atmosphere a propulsive maneuver at apogee will either circularize the orbit or place

the OTV in a phasing orbit for rendezvous with an orbiter.

Three "real" density profiles were used for this study. They were the profiles

derived from measurements on the STS-2, STS-4, and STS-6 shuttle flights, as shown in

figure 6.2-2. The targeted end-condition for all flights was to exit the atmosphere in a

transfer orbit with a radius of apogee of 260 nautical miles that would allow recovery at

a Space Station. The measure of the aeroassisted vehicle performance was the error in

the atmospheric exit velocity. This error was the magnitude of the delta-velocity which

had to be added at atmospheric exit in order to reach the targeted radius of apogee

within a tolerance of 1000 ft.

The guidance performance analysis was performed with a closed loop computer

simulation ealled OPTIC. The inner loop of this simulation is the implementation of the

guidance algorithm using simplified vehicle dynamics and a Standard-62 atmospheric

density model. At each guidance update interval, a new set of guidanee control

variables is issued to the outer loop which consists of detailed vehicle dynamics and a

representative, real atmospheric density profile. The simulated vehicle motion is

propagated to the next guidance update time. At that time the current vehicle position

and velocity are passed to the guidance algorithm in the inner loop for determination of

a new guidance command based on the current vehicle state.

6.2.1 Ballute Brake OTV

This section discusses the analysis as it pertains to an OTV that uses only a ballute

to perform the aeromaneuver.

6.2.1.1 Fixed Maximum Diameter Ballute

The initial guidance analysis for the ballute was designed to determine an

acceptable turn-down ratio to be used in the design of a baseline ballute vehicle for the

OTV analysis. The characteristics of the assumed vehicle and reentry state are shown in

figure 6.2.1-1. The vehicle weighed 20,573 Ibs and had a maximum diameter of 50 ft for

all turndown ratios (TDR=CDAmax/CDAmin) in the range from 1.1 to 2.2. These

vehicles have nominal ballistic coefficients in the range from 8.5 to 12.9 Ibs/ft2.
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The guidance control variables for the ballute are CDA (coefficient of drag times

reference area) and velocity impulse at atmospheric exit. At each guidance update, the

guidance algorithm solves the boundary value problem defined by current vehicle state

vector and the desired exit condition which is an orbit with altitude-of-apogee (RA)

equal to 260 nm. The trajectory flown in the guidance algorithm is for a constant CDA

through a Standard-62 atmosphere with a velocity impulse added at atmospheric exit to

ensure that the end constraint (RA =260 nm) is within the tolerance of I000 ft. Because

this solution always reaches the correct RA, the measure of guidance error through the

atmosphere is the magnitude of the velocity impulse required for convergence of the

guidance algorithm.

The ballute model in the vehicle simulation used an equilibrium thermodynamics

model to control the inflation dynamics. The guidance CDA command was converted

into an internal pressure command. Figure 6.2.1-2 shows the nonlinear ballute response

curve which was used to model the relation between CDA and the ratio of internal

pressure to dynamic pressure. The computational flow through the model is shown in

Figure 6.2.1-3. The ballute pressure lag model is detailed in Figure 6.2.1-4. It can be

used to study the effects of tank size and temperature on the ballute response and to

obtain information on the quantity of gas required to inflate and control the ballute

through an aeromaneuver. It can also be used to investigate outflow valving strategy.

For this study, a simple, two-position valve was used. At the first negative inflow

command past perigee, the valve was opened fully and remained open for the remainder

of the flight.

The time history of the inflation gas used for the 50 ft. ballute with a TDR --1.5 is

shown in Figure 6.2.1-5 for flights through the STS-2, -4, and -6 atmosphere. The sharp

increase in the slope of the inflow gas occurs when the exit valve isopened.

Typical plots of the altitude and velocity along a ballute aeromaneuver trajectory

are shown in Figure 6.2.1-6. This profile is for TDR -- 1.5 through an STS-2 density

profile.

The guidance command for the TDR - 1.5 and the actual vehicle response are

shown in Figure 6.2.1-7. The shape of the vehicle CDA response is the mirror image of

the shape of the density perturbation as long as the response is within the turndown

capability of the ballute. If the ballute response were linear, the actual drag and

commanded drag would be the same and the CDA command would be constant as long as

the response remained within the vehicle capability. However, the assumed nonlinear

response causes the actual drag to depart from the commanded drag. This effect results
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in a changing CDA command even if the response stays within the limits. This can be

seen in the STS-4 and STS-6 command profiles.

The measure of the guidance error is the velocity excess or deficit at atmospheric

exit. For a TDR = 1.5 the velocity errors are shown in Figure 6.2.1-8 for the three STS

atmospheres.

A summary of the guidance analysis for the 50 ft ballute is shown in Figure 6.2.1-

9. Using the STS-2 results as a conservative measure, it is shown that for a TDR = 1.5,

the propulsive velocity correction to make up for atmospheric guidance errors is about

250 ft/see.

6.2.1.2 Variable Maximum Diameter BaUute

The next phase of the ballute guidance analysis was to assess the effects of

vehicle designs having different size ballutes and reentry weights. Three turndown

ratios were picked and ballutes were sized for delivery of a 7500 lb. payload.

For a TDR = 1.25, the vehicle had a 45 ft maximum diameter ballute and a reentry

weight of 13,287 Ibs. The nominal ballistic coefficient of the vehicle was 7.2 ibs/ft2.

The altitude and velocity profiles of the trajectory for the TDR = 1.25 vehicle are shown

in Figures 6.2.1-10 and 11. Figure 6.2.1-12 shows the commanded and actual CDA

response for this vehicle. The command remained at the upper limit for most of the

exit leg of the aeromaneuver. The present implementation of the command simulation

does not drive the actual response to the ballute angle limit when this happens. Rather

it commands an internal pressure which would inflate to the angle limit if the ballute

were flying in a nominal atmosphere. On the exit leg of the trajectory, the density is

greater than nominal which leads to an actual ballute response of less than the

maximum CDA. This contributes to the guidance velocity error during the

aeromaneuver. For this trajectory this contribution issmall, but or perturbations near

perigee itcould be significant. This part of the algorithm will be changed in the future.

From Figure 6.2.1- 13, which shows the accumulation of the guidance velocity error, it

can be seen that the major contribution occurs during the time that the actual ballute

response has reached the maximum ballute angle. This occurs in the time period from

120 sec to 200 sec along the flight path where the projected error grows to 420 ft/sec.

The ballute with a TDR - 1.5 had a maximum diameter of 50. i ft and an entry

weight of 13,077 Ibs. This vehicle had a nominal ballistic coefficient of 6.38 ibs/ft2.

The aeromaneuver trajectory is shown in Figures 6.2.1-14 and 15. The command and

actual CDA profile for the TDR = 1.5 vehicle are shown in Figure 6.2.1-16. The

projected velocity error is shown in Figure 6.2.1-17. Comparing the two Figures, it can
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be seen that the projected error grows most rapidly during the time from 150 sec to

200 sec when the actual response islimited by the maximum ballute angle.

The TDR --2.2 vehicle had a reentry weight of 15,176 Ibs and a maximum diameter

of 67.0 ft. The nominal ballistic coefficient for this vehicle was 5.30 Ibs/ft2. Figures

6.2.1-18 and 19 show the altitude and velocity of the STS-2 aeromaneuver trajectory for

this vehicle. The CDA command and response are shown in Figure 6.2.1-20. For this

vehicle excess drag occurred during the down leg and pass through perigee leading to a

commanded CDA at the minimum ballute angle. However, there was an outflow lag

which led to an increasing ballute size during a significant portion of the trajectory

from 220 sec to the end. This resulted in an accumulated velocity deficit which would

have to be made up propulsively. The projected velocity error is shown in Figure 6.2.1-

21. This ballute was considerably larger than the others considered, but the same size

exit valve was used. The outflow lag could have been eliminated by increasing the size

of the exit valve.

6.2.1.3 Ballute Turndown Guidance Assessment

The results of the guidance analysis on the ballute vehicles have demonstrated the

capability of the guidance algorithm and of the ballute concept to execute an aeroassist

maneuver. A turndown ratio of 1.5 provides capability to correct for atmospheric

dispersions as demonstrated by the STS-2, -4, and -6 profiles. A conservative propulsive

allowance of 250 ft/sec isdetermined by the most demanding profile, STS-2.

6.2.2 Ballute OTV Using Jet Counterflow

Preliminary guidance analyses were performed for an OTV using a ballute and

engine jet counterflow during the aeromaneuver. This vehicle concept was eliminated

from consideration for other reasons, so the guidance analysis was not pursued in depth.

The ballute studied was 42 ft in diameter and weighed 18,915 Ibs at entry. The initial

and targeted conditions are shown in Figure 6.2.2-1. The drag modulation of this vehicle

is controlled by using engine exhaust momentum flux to control the point of bow shock

separation. In this vehicle, the engines are directed forward during the aeromaneuver.

At atmospheric entry, the engine is at tank head idle. Modulation is accomplished by

turning the pump on or off and varying the thrust between tank head idle and pumped

idle. The exhaust momentum flux at pumped idle results in an increased bow shock

stand off distance and a reduction in the coefficient of drag (CD) by an order of

magnitude. Figure 6.2.2-2 shows the variation of CD as a function of the momentum

flux. For the preliminary guidance analysis a simple guidance law was used which
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allowed only one cycle of the pump. The control variables for the guidance algorithm

were the time after reentry to turn the pump on and the time to turn it off. The only

drag modulation was accomplished by changing the engine momentum flux level. To

maintain a constant ballute reference area required active inflation control. For this

simulation, a variable diameter exit valve was used instead of the simple two position

valve used for the ballute simulations discussed in section 6.2.1. The variable valve area

is shown in Figure 6.2.2-3. This Figure also shows the gas inflow, outflow, and total

volume. It can be seen that inflow is used to control the ballute volume until perigee.

Then the volume control switches to outflow for control. There is a small variation in

the ballute volume because of lags in the inflation system.

The altitude and velocity along the STS-2 aeromaneuver are shown in Figures

6.2.2-4 and 6.2.2-5. The velocity profile shows the effect of the order of magnitude

change in CD when the pump is turned on and off. The commanded and actual drag

profiles are shown in Figure 6.2.2-6. The profiles for STS-4 and STS-6 show that the

guidance algorithm did not command the pump to shut off before atmospheric exit.

These profiles had accumulated more drag than desired. The projected velocity errors

at atmospheric exit are shown in Figure 6.2.2-7.

A comparison of the 50 ft turndown ballute and the ballute using jet counterflow

was previously shown in Figure 6.2.1-9. It is shown for the jet counterflow ballute that

guidance can significantly reduce the propulsive correction required to reach a 260 nm

apogee. It is also shown that jet counterflow gives comparable control to the turndown

ballute. A combination of turndown and jet counterflow could give capability to respond

to very large sources of error.

6.2.3 Low L/D OTV's

The application of the guidance algorithm to the lifting OTV concepts required a

change in the control and constraint variables. The OTV's with lift have the capability

to correct for out-of-plane error and to execute an out of plane maneuver. For the

following guidance analysis, it was assumed that the total OTV plane change was

accomplished propulsively at GEO. During the aeromaneuver, the OTV was constrained

to exit the atmosphere in the same orbital plane as at entry. No plane change maneuver

was planned.

The constraints applied at atmospheric exit were that the orbit should have an

altitude of apogee of 260 nm and have an inclination and right ascension of the

ascending node (RAAN) the same as at entry. For the following guidance trades the

inclination was 28.5 ° and the RAAN was 0°.
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Using the experience gained with Gamma Guidance on the inertial Upper Stage

and preliminary simulated low L/D aeromaneuver flights, a two phase application of the

guidance algorithm was planned to increase the stability and robustness. In phase one,

the control variables were the magnitude of the bank angle and three time variables for

execution of bank angle reversals. This set of control variables is used with the three

orbit constraints: altitude-of-apogee, inclination, and RAAN. At 160 sec after the

start of guidance, phase two begins. At this time the bank angle reversal times are

removed as active control variables and are set to the values determined in the last

phase one guidance update. During phase two, the control variables are the magnitude

of the bank angle and an impulsive A V applied in the direction of the velocity vector at

atmospheric exit. The only constraint applied during phase two is the altitude-of-

apogee constraint. After 160 sec there islittlecontrol capability available for changing

the orbital plane. Therefore, during phase two, the guidance algorithm concentrates

only on attaining the targeted altitude-of-apogee. The guidance command profile for

the low L/D vehicle is shown in Figure 6.2.3-1. Guidance updates are performed at 80

sec, then every I0 sec until 160 sec. After 160 sec the updates are performed every 40

sec.

6.2.3.1 Symmetrical Lifting Brake OTV

The vehicle characteristics and entry conditions are shown in Figure 6.2.3.1-I.

The assumed vehicle characteristics for the lifting brake were an entry weight of 20,209

Ibs. and reference area of 1,256.6 ft2. Three different L/D ratios were simulated.

These were for the vehicle flying at an angle-of-attack of 3=10 °, 20 °, and 30 °. The

vehicle is trimmed at a constant angle-of-attack by a designed c.g. offset. The L/D

ratios for each of these were 0.12, 0.23, and 0.32, respectively.

The lifting brake aeromaneuver was simulated through the STS-2, -4, and -6

density profiles at each of the three angles-of-attack. The STS-2 profile was again the

most difficult to fly. The results which follow are all for flights through the STS-2

profile.

The altitude and velocity profiles for the flight at 8=10 ° are shown in Figures

6.2.3.1-2 and -3. The solid lines are for the actual flight with guidance updates. The

initialguidance command (dashed) with no guidance update and the actual flight profile

(solid) are shown in Figure 6.2.3.1-4 for L/D=0.12 through the STS-2 atmosphere. The

451.9 ft/sec velocity impulse required to correct to a 260 nm apogee is indicated in

Figure 6.2.3.1-3. The Keplerian inclination and RAAN of the atmospheric trajectory are

shown in Figures 6.2.3.1-5 and -6. The dashed lines indicate the path which would have
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been flown with no guidance update during the aeromaneuver. The solid lines indicate

the actual path flown. The errors in inclinations and RAAN are indicated on the graphs.

Figure 6.2.3.1-7 and -8 show the altitude and velocity for the 8=20°L/D-0.23

trajectory through the STS-2 atmosphere. The -532.9 ft/sec velocity impulse required

to reach the 260 nm apogee is indicated orr Figure 6.2.3.1-8. The initial guidance

command (dashed) and actual flight profile for the L/D-0.23 lifting brake are shown in

Figure 6.2.3.1-9. The inclination and RAAN of the trajectory are shown in Figures

6.2.3.1-10 and -Ii with the plane errors at atmospheric exit indicated.

The final configuration of the liftingbrake examined was for an angle-of-attack of

30 ° or L/D=0.32. The trajectory isshown in Figures 6.2.3.1-12 and -13 with the velocity

error of -611.8 ft/sec indicated. The bank angle profile, inclination and RAAN profiles

are shown in Figures 6.2.3.1-14, -15, and -16.

6.2.3.2 Shaped Brake OTV

The shaped brake OTV investigated had the characteristics shown in figure

6.2.3.2-1. This vehicle was flown with the same constraints and control variables as the

lifting brake. The altitude and velocity of the aeromaneuver trajectory through the

STS-2 atmosphere are shown in Figures 6.2.3.2-2 and -3. The velocity error at exit of -

494.0 ft/sec is indicated on the velocity graph. The shaped brake bank angle commands

are shown in Figure 6.2.3,2-4. The dashed line is the initial guidance command. The

solid line is the actual bank angle profile flown through the STS-2 atmosphere. Figure

6.2.3.2- 5 and -6 show the inclination and RAAN for flight through the STS-2

atmosphere without guidance updates (dashed) and with guidance updates (solid). The

plane errors at atmospheric exit are marked on the graphs. Further analysis of this

concept for other L/D ratios was not completed because the shaped brake was

eliminated from consideration based on other criteria.

6.2.3.3 Low L/D OTV Summary

The low L/D guidance algorithm did not use an atmospheric density predictor

because only three perturbed density profiles were flown and because the vehicle sensed

a profile which was symmetric with altitude on the downward and upward legs of the

aeropass. It was felt that any predictors used in this limited set of runs would be unduly

biased to the data set available. The guidance algorithm used a Standard-62 atmosphere

for the internal guidance predictions. The guidance updates were based entirely on the

sensed difference between the navigation state (position and velocity through perturbed

atmosphere) and the state predicted using the Standard-62 atmosphere. As more
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knowledge of the atmosphere isobtained, a density predictor using knowledge of diurnal,

seasonal, latitudinal, longitudinal, and vertical variability, as well as, horizontal and

vertical correlation lengths can be developed to aid in the reduction of guidance error

during an OTV aeromaneuver.

As the angle-of-attack of the vehicle increases, the L/D ratios increases. This

enhances the capability of the vehicle to accomplish plane change maneuver, but as the

angle-of-attack increases the CD decreases. This reduces the capability of the vehicle

to accomplish the primary task of reducing the energy of the OTV orbit. The results of

the low L/D guidance analysis are shown in Figure 6.2.3.3-1. With no targeted plane

change, the lower L/D vehicle has an advantage because it has more drag capability.

However, if the plane change capability were utilized, there may be a small shift in the

overall A V budget. The higher L/D vehicles have more plane change capability which

could be used to reduce the plane change required at GEO. However, making use of this

aerodynamic capability reduces the ability of the vehicle to make adjustments in the

drag to respond to atmospheric perturbations. This may increase the guidance error in

correcting for apogee. Further analysis is required to determine the optimum

combination of L/D and targeted plane change.
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7.0 DATA MANAGEMENT SUBSYSTEM TRADES

One of the primary objectives in the development of the OTV conceptual avionics

design was to minimize life cycle costs. Additionally, the baseline avionics are designed

for an unmanned vehicle, but allow for growth capability to a manned configuration.

The baseline configuration data management subsystem for OTV is based on

distributed triple modular redundant computers utilizing a two out of three majority

voting scheme. Hamming Error Detection and Correction is implemented in memory

enabling single bit error correction and dual bit detection. Four computers will be

required, with dual redundant I/O in each, expandable to triple redundant I/O for a

manned configuration. Each computer will have a 64k word memory and a throughput of

600k operations per second. The data management subsystem will include built in test

and fault tolerance as well as providing fullredundancy management functions.

Data management subsystem trades were performed during the Ref. 5 study and in

support of related Boeing space vehicle research and development. The trades were

performed in four areas: system architecture, fault tolerance techniques, hardware and

software. Following is a summary of the data management subsystem trades that are

applicable to OTV.

7.I SYSTEM ARCHITECTURE TRADE

Architecture trades were performed for distributed vs. centralized processing,

system data bus, and bus protocols. The first architecture trade involved distributed

versus centralized processing as presented in table 7.1-1. In a centralized processing

system, system control is concentrated in the operating system of a single computing

element. In a distributed system, system control is achieved through the cooperation of

a number of autonomous operating systems. Distributed processing was chosen for the

reasons of ease of expansion, and to facilitate software development.

A bus technology study compared parallel wire, serial twisted pair, and serial fiber

optic buses. The serial fiber optic data bus was chosen due to its high throughput and

low weight.

The bus protocol trade compared the following protocols: Token Bus, Token Ring,

Carrier Sense Multiple Access, Carrier Sense Multiple Access with Collision Detection,

Aloha, and MIL-STD-1553. The Token Passing Logical Bus was the preferred choice, due

to fault tolerance implementation and flexibility.

377



13180-29108-2-3

>
1-.
o

'_,

ta.

hi
I'--

U

t'--

W
F--

Ca

N

.,J

.<

I--
Z
hi

I I
co I I',,,-• I ._

I I

'1!

I I"- I I
I I I I I

I I I

I I I
i

I I
CO _ I l_ I _O CO

I I

I I
O0 /'.- I_- CO I i }""

! I

I I I

I I I
i

f_

I

!

i

!

I I
! I_- ,i_ !
! i

I

I

I I

! I
I I ¢M _

I I I

I I
I _ I ',_
I I

I I
t'_ I_ I I I"-*

I I

z

tl. _: _ I-.-

w w
s N

._ .,<

r_ .-_

O_. Q

rr_

N

r9

,5

Q

d

0

co C)

O

e
c; ,'-

0
o

r,h

0 Q

r,_

L_

c_

0
u'h
t_9

b..

n9
t_

C_

b..

0

0

Ld

(.n

c_
I--

378



D180-29108-2-3

7.2 FAULT TOLERANCE TECHNIQUE TRADE

The fault tolerance trades included studies of various fault tolerance techniques,

the use of dedicated spares versus pooled spares as shown in table 7.2-1, and the use of

hot spares versus cold spares. Techniques of error detection and correction, error

confinement, and fault masking and recovery are compared in table 7.2-2. The relative

merits of each technique were compared in a high transient failure rate environment.

The preferred techniques were shown to be N-modular redundancy (NMR) in the

hardware, backup sparing, NMR with backup sparing, and adaptive NMR (also known as

'adaptive voting'). NMR with voting and backup sparing can be used for both the system

data bus and the processors of the data management subsystem. Error detection and

correction was selected, due to its effectiveness in reducing memory failures in a high

failure rate environment.

7.3 HARDWARE TRADES

The hardware trades includes studies or processors and memory technologies. The

processors considered were the microprocessor, the bit slice processor, and the custom

design processor. The microprocessor was selected as the preferred option due to its

small size, low risk and availability. Different microprocessors were also studied.

Among the processors considered include the F9450 1750A CPU, the M68020, the

N32032, and the Z8000. The F9450 was chosen, due to its MIL-STD-1750A instruction

set architecture, its availability, and due to the fact it has been MIL-STD-883 qualified.

Memory trades addressed what devices should be used for random access memory

(RAM) and for instruction memory. The random access memory trade compared the

following devices: dynamic RAM, static RAM, EEPROM and ferrite core. The resulting

choice was static RAM with its moderate density, moderate cost, and static-low power

mode. The instruction memory trade considered read only memory (ROM) and

EEPROM. EEPROM was the preferred choice since its contents can be modified should

the software need reprogramming.

7.4 SOFTWARE TRADES

The software study considered the following high order languages (HOL's):

Fortran-77, C, Pascal, Jovial, and Ada. The languages were compared considering the

following characteristics: availability of compilers or translators, real time capabilities,

data structures, standardization for portability purposes, and availability of

development tools. Ada was the preferred choice, being the DoD's standard language
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for embedded systems. Ada offers special modern constructs for real time

programming, such as exception handling, tasking and low level bit manipulation.
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8.0 ELECTRICAL POWER SUBSYSTEM

8.1 POWER SOURCE DEFINITION

•The electrical power supply and distribution subsystem provides (1)power for

vehicle equipment and spacecraft, (2)switching and distribution of electrical power to

the vehicle and spacecraft, (3)interconnecting cabling for the avionics and other

subsystems, and (4) the capability to use power supplied by the Orbiter, ground support

equipment, or the Space Station when attached.

8.1.1

ae

b.

C.

d.

e.

f.

Top Level Requirements

The top level requirements for the electrical power subsystems are:

Provide power to all vehicle subsystems.

Provide capability to supply power to vehicle subsystems from the ground or

Orbiter when in the launch configuration, from internal sources when deployed,

and from the Space Station when attached.

Provide redundancy of internal power sources.

Control and distribute power to all vehicle subsystems.

Provide interconnecting wiring for all vehicle subsystems except for

instrumentation wiring and RF cabling.

Provide 200 watts of power to a payload when attached.

The energy requirements for a nominal GEO delivery mission are summarized in

table 8.1-I. Additional requirements, such as reliability,maintainability,and size are

listedin table 8.1-2. A power requirement of 63.6Kwh has been assumed for sizingand

evaluating possiblepower sources. During the first36 hours, an average of 1700 watts

willbe required. This power level willsupply enough energy to transport a payload from

low-earth orbit to a higher earth orbit,and back. In the event of an emergency, enough

power (100 watts) willbe reserved to keep the OTV "alive" in low earth orbit for 24

hours untilitcan be retrieved at the space station(or Orbiter if a GB OTV) as shown in

figure 8.1-1.

8.1.2 Baseline System Definition

The baseline power source selected for the OTV consistsof three H2-O2 fuel cells.

Each fuel cellcan provide 2.0kW of power at a nominal voltage of 28 volts. During

normal mission operations one, two, or allthree fuel ceilscould be operating. However,
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Table 8. l-10TV Reference Power Requirements

SYSTEM

Payload

Avionics

G & N

Conm.

Data Mgt.

Instrumentation

Propulsion

Engine

TVC Actuators

Attitude Control

Thrusters

Heaters (Hydrazine opt.)

Power

Conversion/

Distribution Losses

Heaters

Emergency

POWER DURATION ENERGY

200 W 36.0 Hrs.

189 51.231 9,583

134 51. 231 6,865

497 51. 231 25,462

50 50. 767 2,538

100 O. 464 46

30 50.767 1,523

168 O. 464 78

560 0.464 260

1.4 51.231 72

36 51. 231 1,844

104 20. 744 2,157

68 30.48 7 2,0 73

,$7 0. a.64 22

32 20. 744 664

21 30. 487 540

100 24. 000

USAGE

(7,200)

(44,594)

(!,861)

(1,9L6)

(5,556)

(2,_oo)

WH

Total

384

(63,527)WH
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two of the three could fail, and the remaining fuel cell could still sustain the total load.

The design crlteria is summarized in table 8.1-3. Redundant fuel and fuel tanks are not

included.

Information used for sizing the fuel cell came from modifications of the Shuttle

Orbiter hardware. Each fuel cell weighs approximately 80 lb. or 240 lb. for all three.

The volume of each fuel cell is estimated at 2.12 cubic feet.

Hydrogen and oxygen are supplied on demand to the fuel cells at a nominal rate of

0.771b/KWH as indicated in fig. 8.1-2. The fuel ratio of oxygen to hydrogen is

approximately 8 to 1. The reactants can be stored either as pressurized gases in tanks,

or at their supercritical state in cryogenic dewar-type vessels.

In the gaseous state, the fuels can be stored at 350 psi. The hydrogen tank would

weigh approximately 40.5 times as much as the hydrogen fuel, and the oxygen tank

would weigh approximately 2.5 times the weight of the oxygen fuel. Lower pressures

could be used for the fuels to match the operating pressure of the fuel cell (60 psi) but

the weight and volume of the tanks would increase significantly.

With cryogenic tanks the reactants would be maintained at supercritical pressures

of 250 psi in the hydrogen tank and 900 psi in the oxygen tank during use by means of

tank pressure controlled electric heaters. The weights and volumes of the tanks would

be much smaller than those of the pressurized gas tanks shown in table 8.1-4. It might

also be possible to use the fuels from the propulsion tanks. The savings in terms of size

and weight would be minimal, however.

In either case, reactant preheaters and inlet regulators reduce the pressure of the

fuels so that they can be accommodated by individual fuels cells. The reactant water

product will be cooled and collected for return to the space station. There the water

may either be converted back to hydrogen and oxygen or used as isin the space station.

8.2 TRADES AND ANALYSES

8.2.1 Power Source Trade

Electrical power sources being considered for OTV other than the primary fuel cell

include primary batteries, solar array/battery combinations, RTG's, flywheels, turbo

generators, reactors, and others. Of these choices, primary fuel cells, primary

batteries, and solar array/battery combinations prove most economical and available for

use by 1990.

The other systems are either stillin the development stage or they are not suited

to this application for other reasons. It is doubtful that the required time and money
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would be spent for these systems to be ready by 1990. Flywheel development is

presently being heavily funded, however, so it is possible that the flywheel could be an

energy storage option for the OTV by the year 1990. Information used to compare the

systems is shown in table 8.2-1.

In addition to sizing the primary fuel cells, weights for primary batteries and solar

array/battery combinations were also determined. Of the two primary batteries

considered, lithium thionyl chloride (Li/SOCI2) and zinc silver oxide (Zn/AgO), the latter

was more than two and one half times heavier than the former. The Li/SOCI2 batteries

do presently, however, pose more of a safety concern than the Zn/AgO batteries.

Primary batteries also tend to be very costly and heavy, and they must be replaced after

each mission. Weights represented in table 8.2-2 are for 6 batteries, where 2 of 6 may

fail. Solar array/battery combinations were also sized to determine their ability to

compete with the primary fuel cell and primary batteries. The design criteria is listed

in table 8.2-3.

Several solar array panels configurations were considered. The simplest solar

array would be a body-mounted configuration. Approximately 1120 ft2 is available on

the body of the OTV for solar panels. This configuration would satisfy many payloads,

but not all. The solar array power capability would be a function of OTV attitude as

indicated in figure 8.2-1.

If the solar arrays are at an angle perpendicular to the sun's light, the OTV may

either be spinning or not spinning. If the OTV does not spin, the resultant operating

temperature of 110°C would yield a power capability of approximately 7.6 W/ft2. A

slow spin would result in a temperature of approximately 20°C, and the power capability

would be approximately 12.2 W/ft 2.

If a deployed solar array is considered, the temperature would probably not exceed

50°C, and the power capability Would be approximately 10.7 W/ft2 as shown in fig. 8.2-

2.

Either primary or secondary batteries may accompany the solar array to provide

power (5030 WH) during the eclipse periods. As can be seen in table 8.2-4, the primary

batteries are lighter than the secondaries, but they must be replaced after each mission.

Secondary batteries need only be recharged after each mission at the space station. The

Li/SOCI2 battery would be the logical primary battery choice for weight, provided the

safety problems are resolved by 1990. Of the secondary batteries, the rechargeable

lithiums are under development and could very well be the optimum choice by 1990.

Nickel cadmiums are presently available but are very heavy. Nickel hydrogens are also

a possibility since they are significantly lighter in weight than nickel cadmiums. Table
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8.2-5 displays the weights for each of the solar array configurations with each of the

battery candidates.

A summary of the weights of the most favorable power source candidates appears

in table 8.2-6. The lightest overall system is the deployed solar array with a primary

battery. Close behind in second place isthe baseline primary fuel cell with cryogenic

tanks. The deployed solar array/secondary battery combination comes in third.

8.2.2 Technology Assessment

A summary of the power systems technology assessment appears in table 8.2-7.

The different categories include primary fuel cells, primary batteries, secondary

batteries, solar arrays, flywheels, turbogenerators, RTG's Stirling engines, reactors, and

solar Brayton.

The best overall choices for the OTV program appear to be a primary fuel cell or

deployed solar array/battery system. These systems are lightest in weight and have the

potential to grow significantly by the year 1990. Reliability is an important

consideration for the fuel cell. However, with a triply redundant system where two of

the three fuel cells may fail, the reliability of the system is considerably improved.

Cost is also a major consideration with the fuel cell. The new electrolyte plate

technology incorporated into a new 2 kW system will only increase the already high cost.

With the solar array secondary battery system, there is a one time initial investment.

The batteries need only be recharged at the Space Station after each mission. If

primary batteries are used, however, they must be replaced after each mission. This

will involve the transport of batteries from earth to the Space Station for each OTV

mission in addition to the cost of the batteries themselves. Secondary rechargeables

would probably be a more economical choice.

Newer, less developed systems such as turbogenerators, reactors, Stirling engines,

and solar Brayton, would require large amounts of funding to make them qualified and

available for use by 1990. Safety, reliability,and maintainability would also have to be

proven.

8.2.3 Assessment

The primary fuel cell with cryogenic tanks or the deployed solar

array/rechargeable lithium battery system provide the best features. The fuel cell

system is selected as the baseline in part because of being easier to physically integrate

into the vehicle. System characteristics of both concepts are shown in figures 8.2-3 and

8.2-4.
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9.0 PERFORMANCE

9.1 GROUND RULES AND ASSUMPTIONS

For th'e purposes of this study, several orbits were assumed in order to perform

velocity and delta-velocity calculations. Significant orbital assumptions included:

PERIGEE APOGEE

ORBIT ALTITUDE ALTITUDE INCLINATION

LEO Space Station 270 nm. 270 nm. 28.5 deg.

GEO/GEO Space Station 19323 19323 0

Molniya 500 21300 63.4

Moon 207560 207560 28.5

LLO/Lunar space Station 70 70 0

For the ground based OTV, the capability of the Space Shuttle acted as the

constraint for vehicle sizing and maximum payload considerations. Equations for the

shuttle's deployment payload capability as a function of delivery altitude (rim) were

assumed to be:

DELIVERY

INCLINATION

28.5 DEG.

57.0

SHUTTLE DEPLOY PAYLOAD CAPABILITY

Payload = 87960 - 114*(delivery altitude)

Payload = 69300 - 100*(delivery altitude)

Gravity and steering losses experienced by the OTV were considered for only the

initial perigee burns, and were approximated based on the equations detailed in

Reference 47 for constant thrust and acceleration burns.

The reference vehicle's main propulsion system (MPS) consisted of 2 advanced

engines with a specific impulse of 483.2 seconds and a total thrust of I0000 Ibs.

Start/Stop losses were assumed to be 25 Ibs. for all MPS burns, and the MPS boiloff rate

was assumed to be 3.7 Ibs/hr. The attitude control system (ACS) had a specific impulse

of 220 seconds. The electric power system (EPS) was assumed to expend 1.5 lbs/hr

under normal operations, and 0 Ibs/hr when docked to the Space Station. MPS, ACS, and
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EPS reserves equalled 2%, I0%, and 20% of the nominal propellant required for the

mission.

Certain generic delta-V's were assumed for the MPS and ACS for all mission

classes. These were:

ACTIVITY SYSTEM DELTA-V

Pre-aeromaneuver correction

Coast for 1 orbit

Payload positioning

Unmanned Geo coast

Separation

Rendezvous

Docking

MPS 50 fps.

ACS 20

ACS 15

ACS 50

ACS I0

ACS 20

ACS 20

9.2 TRAJECTORY ANALYSIS

9.2.1 Impulsive Trajectories

9.2.1.1 Launch to Space Station

Certain ground based configurations start from a Shuttle delivered circular orbit,

then proceed to the Space Station to mate with their payload, 2nd stage, or auxiliary

MPS tanks. The impulsive delta-V's necessary to do this were:

INITIAL CIRCULAR

ORBIT

PERIGEE APOGEE

DELTA-V DELTA-V

120 nm 261 fps 259 fps

140 225 223

9.2.1.2 GED Missions

The transfer from low Earth orbit (LEO) at 28.5 degrees inclination to

geosynchronous orbit (GEO) was made either directly from the Space Shuttles or the

Space Stations altitude. Impulsive delta-velocities corresponding to optimal inclination

splits, delta inclinations, and transfer times are given below for the LEO to GEO

transfers considered in this study:
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DEPARTURE PERIGEE APOGEE PERIGEE APOGEE COAST

ALTITUDE DELTA-V DELTA-V DELTA-I DELTA-I TIME

120 nm 8108 fps 5865 fps 2.18 deg 28.32 deg 5.25 hrs

140 8074 5856 2.19 26.31 5.27

270 7856 5798 2.26 26.24 5.31

Deorbit from GEO to atmospheric entry for aeromaneuver involved lowering

perigee altitude to 45 nm and 28.5 deg plane change. The impulsive delta-V for this

maneuver is 6050 fps.

9.2.1.3 Lunar Missions

Delta-V's for the lunar missions were calculated based on a patched conic

approach as outlined in reference 48. For the assumptions used, the required velocity

increments for a transfer from a Low Earth Orbit (LEO) of 270 nm to a Low Lunar Orbit

(LLO) of 70 nm. are dependent on the one-way transfer time:

LEO TO LLO LEO LLO

TRANSFER TIME DELTA-V DELTA-V

62 hrs 10180 fps 3190 fps

68 10130 2973

80 10080 2750

120 10030 2536

The LLO escape burn was assumed equal to the injection burn, and 180 fps was

allowed for plane change and midcourse correction.

9.2.1.4 Molniya Missions

The transfer from the Space Station (at 28.5 deg) to Molniya orbit was quite

different from the ascent initialized from the Space Shuttle (at 57 deg). From the

Space Station, a near optimal 3-burn ascent trajectory with a delta-V of 14685 fps

compares favorably to a near optimal 2-burn ascent with a delta-V of 16080 fps. A near

optimal 3-burn ascent to Molniya and return profile is covered in detail in Appendix A

and summarized below:
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......................ORBIT PRIOR TO BURN .......................... BURN---

PERIGEE APOGEE ARGUMENT

ALTITUDE ALTITUDE INCLINATION RAAN OF PERIGEE DELTA-V

270 nm 270 nm 28.5 deg -15 deg 0 deg 7881 fps

270 19852 29.2 -I 1.6 246 4641

2345 26142 57.5 10.1 249 2163

500 21300 63.4 0 270 3383

2940 51856 57.9 6 235 2575

45 47069 28.5 -27.5 250 AEROBRAKE

From a Space Shuttle launched to 140 nm. orbit with an inclination of 57 degrees, a 3-

burn ascent no longer offers a significant advantage over a 2-burn, and an ascent delta-

V of 9507 fps isall that isrequired for the 2-burn transfer.

9.2.1.5 Planetary Missions

Transferring a payload from

accomplished in one of three ways:

LEO to an interplanetary trajectory could be

(i) Using a reusable OTV that firstattains the desired escape energy (C3) - with

the payload, then returns to an elliptical orbit, and finally deorbits for

aerobraking,

(2) The OTV is expended after attaining the escape energy (C3) for the

interplanetary trajectory, or

(3) The payload includes a kick stage to accomplish the interplanetary trajectory

thereby allowing the OTV to perform a less energetic return for the

aerobraking maneuver.

Typical transfers from the Space Station orbit (270 ran) to an interplanetary

trajectory and return to 270 nm requires the following:
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ESCAPE ENERGY

C3 (Km2/sec2)

ESCAPE

DELTAoV (fps)

REDUCE APOGEE

TO 4xGEO DELTA-V (fps)

20 13272 3712

28 14381 4821

50 17282 7723

98 22997 15222

To lower perigee from Space Station altitude (270 nm) to aerobraking altitude (45 nm)

an additional 47 fps burn at apogee (4xGEO) isrequired.

9.2.1.6 Aerobraking Manevuers

For the aerobraking maneuver, the assumed atmospheric entry and exit perigees

values were based on those typically found on integrated trajectory runs (Section 9.2.3).

The assumed entry perigee altitudes were 45 nm on entry, 30 nm on exit. For those

missions returning to the Space Station, the delta-V required at apogee to go into a 260

nm by 270 nm orbit is 420 fps. For those missions which are retrieved by the Space

Shuttle, the delta-V to go into a 150 nm circular orbit is216 fps.

9.2.1.7 Multiple Perigee Burn Missions

Multiple perigee burns were employed to allow for phasing, reduce gravity and

steering losses, and to allow time for the staging of multistage vehicles. Assuming an

initialaltitude of 270 nm and no plane change for initialburns, figure 9.2.1-i shows the

intermediate orbit period, apogee altitude, and apogee delta-V requirements to lower

perigee to 45 nm for aerobraking, all as a function of the previously done perigee delta-

V.

9.2.1.8 Space Station Rendezvous

Phasing the OTV with the Space Station at the conclusion of it'smission has been

handled in previous studies by having the OTV park in a phasing orbit until its line of

nodes matches with the Stations, and a rendezvous made. In this study however, a trade

between four methods of phasing from GEO were analyzed, and a different method was

chosen for a baseline. The four methods analyzed were:

1. "Forward Phasing" The OTV exits from aerobraking and phases with the

Space Station by moving into an orbit with a period smaller than that of the station.

The OTV moves forwards with respect to the Station until their nodes are aligned.

414



D180-29108-2-3

i-
v

O

Ill

I.-

O

13

11

9

7

5

3

1

0

I I I

2500 5000 7500

PERIGEE DELTA-V (fPs)

400

360

== 320

o= 2so

200

U,IUJ

C3 C3 120 ! I I

0 2500 5000 7500

PERIGEE DELTA-V (fps)

2200

2000

A 1800

1500

m 1400

1200
1000

< 8000
w 6000

4000
Q

2000
<

0 2500 5000 7500

PERIGEE DELTA-V (fps)

Figure 9.2. 1-1 Intermediate Orbit Characteristics

415 O'IV 1636



D180-29108-2-3

2. "Backwards Phasing" The OTV exits from aerobraking and phases with the

Space Station by moving into an orbit with a period larger than that of the station. The

OTV moves backwards with respect to the station until their nodes are aligned.

3. "Transfer Time Phasing" The OTV adjusts it's transfer ellipse at GEO in

order to adjust for the expected node misalignment at Space Station rendezvous.

4. Double Aeropass Phasing" The OTV goes thru one aerobraking maneuver and

exits into an orbit with a period which adjusts for the expected node misalignment and

then goes thru a second aerobraking maneuver to reduce apogee.

A detailed comparison of return time and delta-V requirements for these various

options from GEO to the Space Station may be found in Appendix B as a function of the

expected node misalignment. Forward phasing has a minimal delta-V requirement but,

for large misalignments, the phasing time becomes very long due to the period

difference may never be very large without the perigee altitude entering the

atmosphere. Backward phasing has the potential for shorter transfer times, but this also

translates into a higher delta-V penalty. Double aeromaneuver offers low delta-V and

short return time, but penalties associated with 2 aeromaneuvers prevent this from

being viewed realistically. Transfer time phasing offers a very nice combination of

short return times and small delta-V penalties. A worst case phasing was baselined,

which represents an increase in return time of 55 minutes and a delta-V penalty of 195

fps over a Hohmann approach.

9.2.1.9 GEO Satellite Servicing Mission

In the GEO manned sortie mission, the OTV executes phasing maneuvers in GEO

in order to meet four satellites with separation angles of i0 and 90 degrees. Phasing

was accomplished by moving in and out of a phasing orbit with two burns of equal

magnitude. Forward and backwards phasing were both analyzed, and a complete map of

delta-V requirements versus phasing time is shown as a function of separation angle in

figure 9.2.1-2. For the baseline mission, the following transfers were chosen:

ANGLE OF PHASING PERIGEE APOGEE TOTAL PHASING

SEPARATION ORBITS ALTITUDE ALTITUDE DELTA-V TIME

I0 deg 2 19323 nm 19744 nm 92 fps 48.5 hrs

90 5 19323 20829 320 126
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9.2.2 Non-Impulsive Trajectories

For the performance analysis, gravity and steering losses were approximated based

on the equations found in reference 47, and only considered for the initial perigee burns.

The approximate velocity losses for constant acceleration and constant thrust for the

baseline space-based vehicle LEO to GEO transfer are shown in figure 9.2.2-1 as a

function of the initial thrust-to-weight (acceleration) and the number of perigee burns.

The benefits of going from one perigee burn to two is a significant one, becoming less so

as the number increases. Appendix C gives a more detailed explanation to the

assumptions and equations used throughout the study.

The validity of the above approximate method for this study was checked using the

Program to Optimize Simulated Trajectories (POST) and another integrated trajectory

optimizer detailed in reference 47. A comparison between approximated losses and

"exact" losses are shown in figure 9.2.2-2 for various initial thrust-to-weights, various

number of perigee burns, constant thrust, and specific impulse of 483 seconds. The

initial circular orbit had an altitude of 270 nm, inclined at 28.5 degrees, while the final

circular orbit had an altitude of 19323 nm, at 0 degrees inclination. A comparison for

an initialthrust-to-weight of 0.1 g's and two perigee burns isdetailed below:

APPROXIMATE LEO TO GEO TRANSFER

.............ORBIT PRIOR TO BURN ..................... BURN .........

PERIGEE

ALTITUDE

APOGEE

ALTITUDE INCLINATION DELTA-V

270 nm 270 nm 28.50 deg 3522 fps_

J270 3332 27.37 4473

270 19323 26.24 5799

7995

EXACT LEO TO GEO TRANSFER

.............ORBIT PRIOR TO BURN .............

PERIGEE APOGEE

ALTITUDE ALTITUDE INCLINATION

........BURN .........

DELTA-VEE

270 nm 270 nm 28.50 deg 3627 fps)

316 3469 27.4 4388 y 8015

362 19320 26.38 5774
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NUMBER OF
PERIGEE BURNS

INITIAL VELOCITY LOSS (fps)
THRUST/WEIGHT APPROXIMATE

EXACT TRIP TIME (HRS)
APPROXIMATE

EXACT

1 .50 21.1
1 .22 104.8
1 .10 553.6
1 .05 2215.

21.0 5.31
102.0 5.31
484.1 5.31
1433. 5.31

5.39
5.51
5.84
6.70

2 .22 26.3 26.2 8.03 8.15
2 .10 138.6 134.6 8.03 8.32
2 ,05 554.9 496.6 8.03 8.66

11.7 11.14 11.23
61.3 11.14 11.26

236.0 11,14 11.60

3 .22 11.8
3 .10 62.0
3 .05 248.3
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From above, it isseen that the approximation underestimates the perigee delta-V

by 20 fps, but overestimates the apogee delta-V by 25 fps, tending to cancel out each

other for the total loss difference of 5 fps. Therefore, this approximation may not be

adequate in estimating losses for planetary escape missions, where this cancelling effect

between perigee and apogee burns is never realized. However, for the thrust-to-weights

being considered for OTV missions to GEO, this approximation is more than accurate

enough for this phase of the study.

9.2.3 Aeromaneuver Trajectories

The characteristics of the aerobraking maneuver require that an integrated

trajectory tool of some sort be used for the analyses. The Program to Optimize

Simulated Trajectories (POST) was chosen for it'ssimplicity and universal acceptance.

Nominal trajectories were flown with fixed steering angles throughout the atmospheric

pass. Atmospheric forces were considered below 400,000 ft and were modelled using the

1962 U.S. standard atmosphere. Entry and exit apogees were constrained to 19323 and

270 nm, respectively. Typical altitude vs. time and relative velocity are shown in figure

9.2.3-1 for a ballute vehicle with various ballistic coefficients. Angle of attack, bank,

and sideslip were all fixed at 0 degrees for these runs. Values for the perigee altitude at

an altitude of 400,000 ft for entry and exit were:

BALLISTIC ENTRY EXIT

COEFFICIENT PERIGEE PERIGEE

2 Ibs/ft**2 47.24 nm 32.00 nm

4 45.22 30.32

8 43.16 28.47

16 40.92 25.71

32 38.46 22.37

Trajectories for lifting devices were modelled in a similar manner, with the

exception of the steering angles. Sideslip remained at 0 degrees, but angle of attack

ranged from 0 to 60 degrees, and bank angle between 90 and 180 degrees.

9.3 PERFORMANCE ANALYSIS

In order to consistently trade among the various OTV concepts, a performance tool

was developed which compiled inputs from the various disciplines, including: mission
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analysis, trajectory analysis, weights, guidance, propulsion, and electric power. The

necessary capabilities this tool had included are the ability to size or find offloaded

performance based on payload, propellant, or start mission weight constraints. Inputs

from the various disciplines were either assumed by the program or manually input.

Mission timelines were run in reverse from the end of mission weights, and various

parameters of interest were bookkept and totalled one event at a time. Vehicles were

sized based on point-slope equations for the OTV and/or auxiliary MPS usable propellant

jettisonable ballute weights as a function of MPS usable propellant necessary to

accomplish the mission.

9.4 SPACE BASED VEHICLE TRADES

The space based vehicle trades were done against the low and nominal mission

models. The sizing mission was chosen on the basis of the most demanding mission

under a specific basing/vehicle/mission model rationale. The MPS propellant

requirements for a space based vehicle with advanced engines sized specifically for

several missions in the low mission model is shown pictorially in figure 9.4-1. This

figure shows that the 7500 ib GEO manned sortie mission is the mission which requires

the most MPS usable propellant, and therefore is the sizing mission under said rationale.

The vehicle sized for the 7500 GEO manned sortie mission has the heaviest end-of-

mission and ballute weights, due to it needing larger MPS propellant tanks, a larger

ballute to return a 7500 Ib payload, and more equipment on board to satisfy the man-

rating criterion. Use of this vehicle on the other "less demanding" missions significantly

raises the propellant requirements for these missions, and has the potential to require

even more propellant than that for which the tanks were originally sized. Figure 9.4-2

shows the propellant requirements for the vehicle previously sized for the 7500 Ib GEO

manned sortie mission, when required to do other missions in the low mission model. As

this figure shows, the 20,000 Ib GEO unmanned low g (acceleration) mission now requires

more MPS usable propellant than the manned sortie mission, but when boiloff losses,

start/stop losses, and residuals are accounted for, the manned sortie mission requires

more MPS total propellant.

For the optimization of the space based vehicle, a consistent set of assumptions on

the sizing rationale needed to be determined. The low mission model was chosen, since

those missions were definite requirements which had to be fulfilled. The aerobrake was

sized for a 7500 Ib return payload, which represented the largest requirement in the

mission model. The vehicle's MPS tank sizing mission was not as clear cut of an issue,

as the previous paragraph may indicate. The 7500 Ib GEO manned sortie mission
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required more total propellant for some concepts, and the 20,000 Ib GEO unmanned low

g mission required more total propellant for other sets. However, the differences

between the two were usually less than 500 Ibs with the 20,000 Ib GEO low g mission

ususally requiring the most. Therefore, the 20,000 Ib GEO low g mission was chosen to

size the main propellant tanks for the space based optimization trades.

For the space based vehicle optimization, vehicles were individually sized in

accordance with the above sizing assumptions, and then offload propellant requirements

were determined for other mission classes as a function of the payload. For the GEO

manned sortie mission, the payload was taken to be the manned module, and for the

GEO unmanned multiple manifest mission, the payload was considered separate from the

2,000 Ib payload carrier rack. In the following subsections, a summary of inputs and

outputs will be given for each major trade. Weights inputs are given as weight as a

linear function of MPS usable propellant in the form:

OTV end of mission weight - A + B * (MPS usable propellant)

Jettisonable ballute = C + D * (MPS usable propellant)

Similarly offloaded propellant requirements for various mission classes are given as a

linear function of the payload:

MPS total propellant = A + B * (Payload)

For the purposes of comparison, all trades were made against a reference vehicle.

The reference vehicle performance characteristics are summarized in table 9.4-1. The

actual performance sizing run computer output is shown in table 9.4-2. Sizing for the

reference vehicle as well as for the vehicles involving the trade parameters was as

follows: propellant capacity was dictated by the needs of the low g 20K Ibm delivery

mission; aerobrake sizing was established by the manned GEO roundtrip mission.

This vehicle was compared with several alternate concepts, in the form of the

following 7 trades (the first option listed isthat used by the reference vehicle).

.

2.

3.

4.

.

6.

7.

Expansion ratio (i000, 900, 700, 500)

Main engine (Advanced, RL10-11B, RL10-111)

Attitude control system propellant (Hydrazine, Oxygen-Hydrogen)

Ballute backwall temperature (600, 1500 deg F) and Drag control (Ballute

turndown, Engine Modulation)

Lifting Brake L/D (-0.i,-0.2,-0.3)

Ballute turndown ratio (1.25, 1.5, 2.2)

Aeroassist device (Expendable Ballute, Lifting Brake, Shaped Brake)
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Table 9.4-1 Reference Vehicle Summary

AEEOBR.A.EE expendable bal!ute, with hack_all temperature

of 600 deg F, turndown ratio of 1.5, and post

aeromaneuver g_..da_oe correotion of 251 fps.

PROPULSION MPS: 2 advanced engines, with an expansion ratio of

I000, thrust of 5000 lhs per engine, speoifio

impulse of 483.2 seo, and throttled for low g

mission speoifio impulse of 481.2 seo.

ACS: Hydrazine, with a speoifio impulse of 220 seo.

EIGHT TRENDING

A 5852

B .054O

C 1307
D .0264

SIZING

_MPS Usable (Lbs) 66682

End of Mission (Lbs) 9452

Jettisonable Ballute (Lbs) 3067

PROPELLANT REQUIREMENTS : A+ B *Payload Wt.

GEO 1_ed multiple manifest A 42599
B 1.501

GE0 11_m_ed A 36755

B 1.493

GEO manned sortie A 44397
B 3.150

Planetary, C3= 28 km2/seo2 A 34868
B 2.042

Geo _m_nned LOW g A 37750
B 1.498

Lunar 1_ned A 28598

B 1.405

OTV 1643
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Table 9.4-2. Reference Vehicle Computer Sizing Output

0T_ AND BALLUTE SIZING: A - 5852., B = .0540, C = 1307., D = .0264

MISSION/BASING: SPACE BASED GEO UNMANNED (LOW G)
BRAKE: EXPENDABLE BALLUTE (600 DEG), BALLUTE TURNDOWN RATIO = 1.5
ENGINE: ADVANCED (2), THROTTLED T0 G LIMIT - 0.10
PROPULSION: MPS ISP - 481.2, ACS ISP - 220.0
STAGES: 1
VEHICLE SIZING: SPACE BASED GEO UNMANNED (LOW G)
BALLUTE SIZING: SPACE BASED GE0 MANNED MGSS SORTIE

MISSION PROFILE DELTA V DELTA T DELTA W WEIGHT
(F/S) (HOURS) (LBS) (LBS)

MAIN STAGE:
I DOCKED AT LEO STATION
2 ACS SEPARATION
3 ACS COAST
4 MPS PERIGEE BURN 1 *
5 ACS COAST
6 MPS PERIGEE BURN 2 *
7 ACS COAST
8 MPS BURN
9 ACS PAYLOAD POSITIONING

I0 DROP PAYLOAD
II ACS COAST
12 MPS DEORBIT BURN
13 ACS COAST
14 MPS PRE AERO CORRECT
15 AEROMANEUVER
16 MPS POST AERO CORRECT
17 ACS COAST
18 MPS BURN
19 ACS COAST
20 ACS REND/DOCK

,

10.
10.

3928
2O

3928
10

5798
15

0
5O

6245
10.
50.

O.
251.

10.
420.

10.
40.

2 0
0 0
0 8
0 2
3 0
0 2
5 3
0.1
1.0
0.0

24.0
0.1
6.2
0.1
0.1
0.1
0.8
0.1
0.8
1.0

-7
-140
-144

-22714
-231

-17449
-110

-18261
-90

-20000.
-265

-6586
-51
-67

-3067
-186

-18
-287

-18
-59

MAIN
99194.
99054.
98910
76196
75966
58517
58406
4O145
40055
20055
19790
13204.
13153.
13086.
10019.

9833.
9815.
9528.
9511.
9452.

* MAIN STAGE GRAVITY/STEERING LOSS (F/S) = 215.

0TV FLUIDS SUMMARY

MAIN STAGE
MPS USABLE s 66682.
NOMINAL - 65375.
RESERVES - 1307.
BOILOFF - 166.
START/STOP - 175.

ACS USABLE - 992. EPS USABLE _ 77.
NOMINAL = 902. NOMINAL m 64.
RESERVES - 90. RESERVES _ 13.

O'TV 1644
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These comparisons are discussed in the following subsections. It should be noted,

however, the primary parameter for comparison relative to the reference vehicle is the

quantity of MPS propellant. Values are also presented to calculate the propellant for

other missions. The system level comparison involving costing of these trades is

presented in Volume Ill.

9.4.1 Expansion Ratio Trade

The performance of vehicles with characteristics exactly that of the reference

vehicle except using an MPS engine with lower expansion ratios of 900, 700, and 500 is

shown in table 9.4-3.

9.4.2 Engine Trade

The performance of vehicles with characteristics exactly that of the reference

vehicle except with two RL10-2B's and RL10-111's for main propulsion engines is shown in

table 9.4-4.

9.4.3 Attitude Control System Trade

The performance of a vehicle with characteristics exactly that of the reference

vehicle except that the attitude control system uses oxygen-hydrogen is shown in table

9.4-5.

9.4.4 Ballute Backwall Temperature and Drag Control Trade

The performance of vehicles with characteristics exactly that of the reference

vehicle except that the backwall temperature is 1500 deg F, and also when the main

engines are used for turndown with backwall temperatures of 600 and 1500 deg F is

shown in table 9.4-6.

9.4.5 Lifting Brake L/D Trade

The performance of vehicles with different lift-to-drag ratios is shown in table

9.4-7.

9.4.6 Ballute Turndown Ratio Trade

The performance of vehicles with characteristics exactly that of the reference

vehicle except that the turndown ratios are 1.25 and 2.2 isshown in table 9.4-8.
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Table 9.4-3

EXPANSION RATIO

Expansion Ratio Trade Summary

900 700 500 1000 (R.ef)

WEIGHT TRENDING

A 5832 5791 5707
B .0540 .0540 .0840

C 1308 1310. 1313

D .0264 .026_ .0265

PROPULSION

Full thrust HPS Isp (seo) 482.5 481 479

Throttled for low g Isp (seo) 480.5 479 477

SIZING

_HPS UsaBle (Lbs) 66682 67129 67456 66682
End of Mission (Lbs) 9439 9415 9349

Jettisoma_le Ballute (Lbs) 3072 3082 3100

PROPELLANT REQUIREMENTS = A+ B -Payload Wt.

GE0 1_m_nned multiple manifest A 42685 42881 43056
B 1.505 1.512 1.522

GEO 11_man_ed A 36826 36988 37118
B 1.497 1.504 1.514

GEOmammed sortie A 44483 44677 44849
B 3.158 3.177 3.203

Planetary, C 3 = 28 km2/seo 2 A 34932 35079 35192
B 2.047 2.060 2.075

Geo unmanned Low g A 37824 37992 38130
B 1.501 1.508 1.518

Lunar 11_m__nned A 286_4 28748 28830
B 1.408 1.415 1.424

OT'V 1645
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Table 9.4-4. Main Engine Trade Summary

ENGINE RLI0-1IB RLI0-!il Adv. Eng.(Eel)

WEIGHT TRENDING

A 6561 6368

B .0540 .0540

C 1269 1279

D .0261 .0262

PROPULSION

thrust/engine (ibs) 15000 7500
Full thrust HPS Isp (sec) 460 470

Throttled for low g Isp (sec) 445 458

SIZLNG

HPS UsaBle (lhs) 82766 76575 66682
End Of Mission (ibs) 11028 10501

Jettisonable Ballute (lbs) 3428 3284

PROP_ REQUIREMENTS = A+B .Payload Wt.

GEO _m_edmultiplemamlfest A 62601 48588
B 1.573 1.542

GEO l_m___ed A 46244 42460
B 1.572 1.537

GEOmanned sortie A 54990 50731
B 3.337 3.253

Planetary, C3= 28 km2/seo 2 A 44191 40577
B 1.763 1.885

Geo 11_nned LOW g A 50149 45377
B 1.689 1.615

Lunar 11_m_ed A 34849 32364
B 1.534 1.477

OTV 1646
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Table 9.4-5 Trade Summary Attitude Control System

ATTITUDE CONTROL SYSTEM Oxygen-Hydrogen N2Ea " (Eel)

WEIGHT TRENDING

A 8894

B .0540

C 1310
D .0267

PROPULSION

Attitude control system Isp (sec) 410

SIZING

n_MPS Usable (Lbs) 66477 66682
E of ,Mission (Lbs) 9483

Jettisomable Ballute (Lbs) 3084

PROPELLANT REQUIRJEMENTS = A+ B ,Payload Wt.

GEO 11_=_n_edmultiple mamlfest A 42403
B 1.498

GEO 11_m_n_ed A 36610
B 1.490

GEOmanmed sortie A 44271
B 3.123

Planetary, C3 = 28 km2/seo 2 A 34803
B 2.036

Geo unmanned Low g A 37600
B 1.495

Lunar 1_m_ed A 28534
B 1.402

OTV 1647
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Table 9.4-6 Ballute Backwall Temperature and Drag Control Trade Summary

BACE_ALL TEHPERATURE 1500 600 1500

}...... (r e:e)
DRAG CONTROL Ballute Engine Engine BalluZe

WEIGHT TRENDING

A 6013 6669 6806

B .0573 .0540 .0578

C 788 1882 1014

D .0143 .0066 .0032

GUIDANCE

Post aeromaneuver correotlon (fps) 251 285 285

SIZING

MPS Usable (Lbs) 63481 64646 62365 66682
End of Mission (ibs) 9650 9232 9482

Jettisonable Bal!ute (Lbs) 1696 2536 1440

PROPELLANT REQUIREMENTS : A+ B ,Payload Wt.

GEO 1,_ned multiple manifest A 39431 40602 38341
B 1.497 1.499 1.495

GEO 11_ma_ed. A 33598 34746 32491
B 1.489 1.491 1.488

GE0 mamned sortie A 41099 42297 39944
B 3.140 3.153 3.146

Planetary, C3:28 km2/sec 2 A 31792 32909 30725
B 1.991 2.009 1.975

Geo l_m_ned LOW g A 34521 35697 33392
B 1.498 1.498 1.498

Lunar aln_ed A 26510 27272 25784
B 1.398 1.400 1.395

433
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Table 9.4.7 Lifting Brake LID Trade Summary

L/D - 0.117 -0.226 - 0.324

WEIGHT TRENDING

A 7314 7314 7778
B .0723 .0723 .0651

GUIDANCE

Post aeromameuver correction (fps) 464 546 653

SIZING

MPS Usable (lbs) 67197 67534 67879
End of Mission (Ibs) 12172 12196 12197

PROPELLANT REQUIREMENTS = A+B *Payload Wt.

GEO 1_m_ed multiple manifest A 43219 43595 43995
B 1.502 1.502 1.503

GEO 11_m_._ed A 37265 37597 37940
B 1.494 1.494 1.494

GEO manned sortie A 44903 45241 45589
B 3.210 3.234 3.265

Planetary, C3 = 28 km2/sec 2 A 35374 35701 36039
B 2.045 2.049 2.053

Geo amm_ed Low g A 38258 38596 38946
B 1.497 1.497 1.497

Lunar 11___ed A 29039 29284 29543
B 1.405 1.406 1.407

434
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Table 9.4-8 Ballute Turndown Ratio Trade Summary

Turndown Ratio I.25 2.20 I.5 (Re.f)

WEIGHT TRENDING

A 5892 5854
B .0542 .0S4S
C 1126 4900
D .0208 .0009

GUIDANCE

Post aeromaneuver correction (fps) 417 13S

SIZING

_HPS Usable (Ibs) 65453 72698 66682
End of Mission (lbs) _38 9614

Jettisonable Ballute (lbs) 2489 4965

PROPELLANTREQUIREMENTS = A+B *Payload Wt.

GEO 11_m___edmultiple manifest A 41467 48510
B 1.500 1.511

GE0 1_m_ed A 35541 42707

B 1.492 1.502

GEOmanned sortie A 4311S 80620

B 3.192 3.137

P!anet_ry, C3= 28 km2/sec2 A 33685 40760
B 2.020 2.147

Geo 1_m_nned LOW _ A 36498 4380S
B 1.497 1.497

Lumam,_nned A 27911 32610
B 1.400 1.417
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07%/ 1650



D180-29108-2-3

9.4.7 Aeroassist Device Trade

The performance of 3 vehicles with characteristics exactly that of the reference

vehicle except for the aeroassist devices used is shown in table 9.4-9. The key

differences include:

.

.

3.

an expendable ballute with backwall temperature of 1500 deg F and turndown ratio

of 1.5.

a lifting brake with lift-to-drag ratio of -0.117.

a shaped brake with LID of -0.324.

9.5 GROUND BASED VEHICLE TRADES

Results from the SB OTV optimization trades were used as a starting point for the

GB OTV optimization trades. However, the vehicle sizing had an additional constraint

which was not present in the space based trades. This constraint was that, for the more

demanding missions, the combined weight of the payload and OTV would require one

Shuttle flight to deliver auxiliary tanks and payload to the LEO Space Station, then

another Shuttle flight would deliver the OTV main stage to the Station where total

vehicle assembly would occur. The Shuttle deployment capability, airborne support

equipment, and OTV maximum allowable total weight assumed for these missions were:

DEPLOYMENT

ALTITUDE PAYLOAD ASE OTV MAXIMUM

120 nm 74280 Ibs 6391 Ibs 67889 Ibs

140 72000 6391 65609

Payload goals which were attempted for the single stage vehicle were the 12,000

ib GEO delivery and the 10,000 Ib GEO multiple manifest missions. From the space

based optimization trades, an expendable ballute with backwall temperature of 1500 deg

F and turndown ratio of 1.5 was used for aerobraking, two advanced engines with an

expansion ratio of i000 and thrust of 5000 Ibs were used for main propulsion, and

hydrazine was used for attitude control. The OTV was assumed to be picked up by the

Space Shuttle in a 150 nm orbit at the conclusion of it'smission.

To meet the 12,000 Ib GEO delivery constraint, a variation of Shuttle deploy

altitude was investigated. To meet the i0,000 ib GEO multiple manifest constraint, a

variation of payload rack weight was additionally investigated. A summary of these
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Table 9.4-9 Aeroassist Device Trade Summary

AEROASSIST DEVICE Expendable Lifting Shaped
Ballute Brake Brake

WEIGHT TRENDING

A 6013 7314 6222
B .0573 .0723 .0925
C 788 0 0
D .0143 0 0

GUIDANCE

Post aeromaneuver correction (fps) 251 46_ 807

SIZING

MPS UsaBle (!hs) 63461 67197 68489

End of Mission (lhs) 9650 12172 12555

Jettisonable Ballute (lhs) 1696 0 0

PROP_ REQUIREMENTS = A +B *Payload _.

GEO _m_ed multiple manifest A 39@31 43219 44522
B 1.497 1.$02 1.504

GEO 1_ed A $3595 37265 38543
B 1.489 1.49@ 1.495

GEOmanned sortie A 41099 44903 46231

B 3.140 3.210 3.226

Planetary, C3= 28 km2/seo 2 A 31792 35374 36629
B 1.991 2.045 2.065

Geo _l_m_n_ed Low g A 34521 38258 39561
B 1.498 1.497 1.497

Lunar unmanned A 26510 29039 29906
B 1.398 1.405 1.408
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trades are shown in tables 9.5-1 and 9.5-2. To meet the 12,000 Ib GEO delivery

constraint, a shuttle deployment altitude of 120 nm was chosen. To meet the 10,000 Ib

GEO multiple manifest constraint, a 120 nm deployment altitude and a i000 ib payload

rack was chosen. Of the two, the multiple manifest required more propellant, and

therefore became the sizing mission.

9.6 EVOLUTIONARY VEHICLE CONFIGURATION

During the course of the low mission model, three different eras may be defined

where different sizing missions are of importance. These eras start with the following

major sizing missions:

YEAR SIZING MISSION

1994

2004

2008

I0,000 Ib GEO unmanned multiple manifest

20,000 Ib GEO unmanned low g

7500 Ib GEO manned sortie

Therefore, an OTV could be sized for either the worst case mission from the very

start, and penalized throughout most of the mission model, or an attempt could be made

to tailor the OTV to the sizing missions as they appear in the model. Three basic

evolutionary approaches were analyzed in this study. Common sizing rationale between

these were:

1. Size vehicles in the first two eras which are not man-rated, but easily

modified to be so in the third era. This saves on some of the inert weight

associated with the man-rating for all missions for which it isnot needed.

2. Size three aerobrakes specifically for the three sizing missions, and use the

smallest size brake possible for all missions.

3. Use a vehicle with these characteristics: two advanced MPS engines with an

expansion ratio of 1000 and thrust of 5000 lbs each, hydrazine for attitude

control, and an expendable ballute with a backwall temperature of 1500 deg

F and turndown ratio of 1.5.

The three evolutionary approaches analyzed in this study were:

1. Size the main propellant tanks once for the worst case mission in the entire

model, and fly all other missions offloaded. Due to shuttle limitations, this

option isonly available in the space based mode.
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Table 9.5-1 Ground Based GEO Unmanned Delivery Summary

START ALTITUDE (NM) 140 120

WEIGHT TRENDING

A 5565 5565
B .O647 .0647
C 921 921
D .0002 .0002

SIZING

MPS Usable (Ibs) _764 44_49
End of Mission (ibs) 8458 8438

Jettisonable Bsllute (2.bs) 928 928

PAYLOAD CAPABILITY 11387 1206@
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Table 9.5-2 Ground Based GEO Unmanned Multiple Manifest Summary

START ALTITUDE (NM) 140 140 12.0

PAYLOAD RACE (I_S) 2000 I000 I000

WEIGHT TRENDING

A 5611 5588 5588
B .0641 .0C:_/4 .OCt__

C 923 922 922
D .0021 .0002 .0002

SIZING

MPS Usable (]_bs) 45935 45349 46866
End of Mission (ibs) 8552 8505 8603

gettisonable Ballute (Ibs) 933 930 930

PAYLOAD CAPABILITY 8107 9747 10427
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o

.

Size the main propellant tanks for the sizing mission in the first era, then

size auxiliary tanks for the more demanding missions in the second and third

eras. This option was investigated for space based and ground based

configurations.

Size the main propellant tanks as a perigee kickstage, using apogee kick

motors for delivery missions, and a second stage to handle the more

demanding missions. This option was investigated for the ground based

configuration.

9.6.1 Space Based Evolution

In the space based vehicle evolution, a large single stage vehicle with main

propellant tanks sized for the worst case 7500 Ib GEO manned sortie was compared to a

small single stage vehicle with main propellant tanks sized for the i0,000 ib GEO

multiple manifest, and supplementary auxiliary tanks added for the more demanding

missions. Figures 9.6.1-1 and 9.6.1-2 summarize vehicle sizes and propellant

requirements for key missions for these two strategies and three sizing missions. Note

from table 9.6.1-I that the large single stage vehicles sized for the 10,000 ib GEO

multiple manifest and 20,000 Ib GEO unmanned low g missions have essentially the same

end of mission and jettisonable ballute weights, so that only two vehicles are needed for

the entire mission model. For the small single stage (table 9.6.1-2), the end of mission

weights are essentially the same, but the ballute increases in size to accommodate the

increase in atmospheric entry weight caused from returning the auxiliary tank.

Performance sizing computer outputs for the manned sortie mission are shown in table

9.6.1-3 and 9.6.1-4 for the large and small space based vehicles.

9.6.2 Ground Based Evolution

In the ground based vehicle evolution, a small single stage with main propellant

tanks sized for the I0,000 Ib GEO multiple manifest and supplementary auxiliary tanks

added for the more demanding missions was baselined. An even smaller reusable perigee

kickstage (RPKS) was examined, which when used with a liquid propulsion module (LPM)

was designed to deliver a 14,000 Ib payload to GEO. More demanding missions would be

handled using a two-stage configuration. Table 9.6.2-I summarizes the vehicle sizings

using the small stage and auxiliary tank option. The core vehicle is the same for the

i0,000 Ib GEO multiple manifest and 20,000 Ib GEO unmanned low g, with man-rated

systems added to this vehicle for the 7500 ib GEO manned sortie. The expendable

ballute size increases as the return atmospheric entry weight increases, attributable to
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Table 9.6. 1-1 Large Space Based Vehicle Evolution Summary

SIZING MISSION Multi - Low G Sortie
Mamifest

SIZING

MPS Usable Capaoity (Lbs) 61582 61582 61582
MPS Usable (Lbs) 47199 60104 61582

End of Mission (_bs) 9229 9223 949@

Jettisonable Ballute (ibs) 932 932 1645

PROPELLANT REQUIREMENTS : A+B *Payload Wt.

GE0 11_manned A 30289 30264 33002
B 1.485 1.485 1.488

GEO _m_nnedmultlple mamifest A 33201 33176 35917
B 1.489 1.489 1.492

Planetary, C 3 = 28 km2/seo 2 A 28607 28582 31218
B 1.943 1.943 1.983

Lunar 11_m_ed A 24318 24300 26115
B 1.391 1.390 1.396

Geo unmanned Low g A 31130 31104 33905
B 1.497 1.497 1.497

GEO mammed sortie A *'''' "*'=" 40480
B "**** ***** 3.138
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Small Space Based Vehicle/Auxilliary Tank Evolution Summary

SIZING MISSION Multi - Low G Sortie
Manifest

SIZING

OTV MPS Usable (]_bs) 44267 44267

OTV End of Mission (Lbs) 8227 8218

OTV Jettisonable Ballute (Lbs) 930 1089

AJAUx Tank MPS Usable (Lbs) **'"" 22437Tank End of Mission (ibs) *''*" 3090

44267
8494
2336

27090
3432

FROP_ REQUIREMENTS = A+ B, Payload Wt.

GEO 11_m_nned A 27369 36771 41983
B 1.482 1.494 1.502

GEO 11_m_.n_ed multiple manifest A 30278 39696 44914
B 1.488 1.497 1.805

Planetary, C3 = 28 km2/sec 2 A 25817 34890 40040
B 1.903 2.041 2.130

Lunar _l_m_ned A 22374 28640 32106
B 1.385 1.405 1.417

Geo 11_m_edLow g A ***** 37759 43072
B *'*'" 1.497 1.497

GEOmammed sortie A **'*" "'**" 49863
B *'*'" "**'* 3.166

07%/ 1654
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Table 9.6. 1-3 Large Space Based Vehicle Performance Output

STAGE TRENDING: END OF MISSION - 5948. + .0576 * MPS USABLE
BALLUTE TRENDING: JETTISON - 832. + .0132 * MPS USABLE

MISSION/BASING: SPACE BASED GEO MANNED MGSS SORTIE
BRAKE: EXPENDABLE BALLUTE (1500 DEG), BALLUTE TURNDOWN RATIO - 1.5
ENGINE: ADVANCED (2), THRUST - I0000.
PROPULSION: MPS ISP - 483.2, ACS ISP - 220.0, MGSS ISP " 220.0
MAIN TANK SIZING: SPACE BASED GE0 MANNED MGSS SORTIE
BRAKE SIZING: SPACE BASED GE0 MANNED MGSS SORTIE
STAGES: 1

MISSION PROFILE DELTA V DELTA T DELTA W
(F/S) (HOURS) (LBS)

MAIN STAGE:
I DOCKED AT LEO STATION
2 ACS SEPARATION
3 ACS COAST
4 MPS PERIGEE BURN 1 *
5 ACS COAST
6 MPS PERIGEE BURN 2 "
7 ACS COAST
8 MPS BURN
9 ACS REND/DOCK

I0 ATTACH MGSS
II MGSS OPERATIONS
12 DROP MGSS PAYLOAD
13 MPS BURN
14 MGSS COAST
15 MPS BURN
16 MGSS OPERATIONS
17 DROP MGSS PAYLOAD
18 MPS BURN
19 MGSS COAST
20 MPS BURN
21 MGSS OPERATIONS
22 DROP MGSS PAYLOAD
23 MPS BURN
2_ MGSS COAST
25 MPS BURN
26 MGSS OPERATIONS
27 DROP MGSS PAYLOAD
28 MGSS COAST
29 DETACH MGSS
30 ACS SEPARATION
31 MPS DEORBIT BURN
32 ACS COAST
33 MPS BURN
34 AEROMANEUVER
35 MPS POST AERO CORRECT
36 ACS COAST
37 MPS BURN
38 ACS COAST
39 ACS REND/DOCK
40 DROP PAYLOAD

0
10
10

3600
2O

4256
10

5798
4O

0
2O

0.
46.
10
46
6O

0
160

10
160

60
0

46
10.
46.
70.

0.
10.

0.
10.

6245
10
5O

0
251

10
42O

10
40

0

2 0
0 0
0 8
0 2
3 0
0 2
5 3
0 1
1 0
0 0

24 0
0 0
0 1

48 5
0.1

24.0
0.0
0.1

126.0
0.1

24.0
0.0
0 1

48 5
0 1

48 0
0 0
6 0
0 0
0 0
0 1
6.2
0.1
0.1
0.1
0.8
0.1
0.8
1.0
0.0

-7
-115
-119

-17021
-197

-15518
-96.

-15129.
-193.

38159.
-290.
-426.
-234.
-279
-232
-678
-427
-729
-562
-716
-652
-429
-219
-272
-218
-816
-427
-112

-34081
-42.

-9789.
-60.
-88.

-1645.
-312

-29
-494

-28
-102

-7500

* MAIN STAGE GRAVITY/STEERING LOSS (F/S) =

OTV FLUIDS SUMMARY

MAIN STAGE
MPS USABLE = 61582.
NOMINAL - 60375.
RESERVES - 1207.
BOILOFF - 1369.
START/STOP - 325.

ACS USABLE - 972. EPS USABLE =
NOMINAL = 884. NOMINAL -
RESERVES = 88. RESERVES -

WEIGHT
(LBS)

MAIN
81611.
81496.
81377.
64356.
64159.
48641
48545
33416
33222
71381
71091
70665
70432
70153
69921
69242
68815
68086
67524
66808
66156
65727
65508
65237
65019
64203
63776
63664
29583
29541
19752
19692
19604
17959
17647
17618
17124
17095
16994.
9494.

86.

34.
28.

6.

MGSS ACS NOMINAL - 2369. 444 oTvl6ss
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Table 9.6.1-4 Small Space Based Vehicle and Auxilliary Tanks Performance Output

4:53 PM, 12-JUN-85

OTV MPS USABLE PROPELLANT FIXED AT 44267.
STAGE TRENDING: END OF MISSION - 5948. + .6576 • MPS USABLE
BALLUTE TRENDING: JETTISON - 1473. + .6319 • AUX TANK USABLE
AUX TANK TRENDING: END OF MISSION - 1433. + .6739 • AUX TANK USABLE

MISSION/BASING: SPACE BASED GEO MANNED MGSS SORTIE
BRAKE: EXPENDABLE BALLUTE (1506 DEG), BALLUTE TURNDOWN RATIO - 1.5

ENGINE: ADVANCED (2)_ THRUST- - 16000.PROPULSION: MPS ISP 483.2, ACS ISP 226,e, MGSS ISP - 226.e
MAIN TANK SIZING: SPACE BASED GEO UNMANNED MULTIPLE MANIFEST
BRAKE SIZING: SPACE BASED GEO MANNED MGSS SORTIE
AUX TANK SIZING: SPACE BASED GEO UNMANNED (LOW G)
STAGES: 1 WITH REUSABLE AUX TANKS

MISSION PROFILE DELTA V DELTA T DELTA W
(F/S) (HOURS) (LBS)

MAIN STAGE:
1 DOCKED AT LEO STATION 0.
2 ACS SEPARATION 16.
3 ACS COAST 16.
4 AUX TANK PERIGEE BURN 1 • 5611.
5 ACS COAST 26.
6 MPS PERIGEE BURN 2 * 2845.
7 ACS COAST 16.
8 MPS BURN 5798.
9 ACS REND/DOCK 46.

16 ATTACH MGSS 6.
11MGSS OPERATIONS 26.
12 DROP MGSS PAYLOAD 6.
13 MPS BURN 46.
14 MGSS COAST 10.
15 MPS BURN 46.
16 MGSS OPERATIONS 60.
17 DROP MGSS PAYLOAD 0.
18 MPS BURN 166.
19 MGSS COAST 16.
2e uPS BURN 160.
21MGSS OPERATIONS 60.
22 DROP MGSS PAYLOAD @.
23 MPS BURN 46.
24 MOSS COAST 10.
25 MPS BURN 46.
26 MGSS OPERATIONS 76.
27 DROP MGSS PAYLOAD e.
28 MGSS COAST 16.
29 DETACH MGSS e
36 ACS SEPARATION 10
31MPS DEORBIT BURN 6245
32 ACS COAST 10
33 MPS BURN 56
34 AEROMANEUVER e
35 MPS POST AERO CORRECT 251
36 ACS COAST 16
37 MPS BURN 426
38 ACS COAST 16
39 ACS REND/DOCK 46
40 DROP PAYLOAD 6
41 DETACH AUX TANK 0

OTV FLUIDS SUMMARY

2 6
6 6
e 8
6 2
3 6
6 2
5 3
e 1
1 6
e e

24 6
6 6
e 1

48.5
6.1

24.6
6.6
6.1

126.e
e.1

24.6
6.6
6.1

48.5
e.I

48. e
6.6
6.6
e.e
6.6
6.1
6.2
6.1
6.1
6.1
6.8
6.1
e.8
1.6
e.e
e.e

-7.
-133.
-137.

-26583.
-266.

-11342.
-167.

-17427.
-222.

38337.
-365.
-426.
-249.
-286.
-248.
-722.
-427.
-782.
-569.
-768.
-694.
-429.
-234.
-279.
-232.
-864.
-427
-119

-34681
-49

-11465
-65
-99

-2336
-353

-33
-561

-32
-115

-7569
-3432

• MAIN STAGE GRAVITY/STEERING LOSS (F/S) -

MAIN STAGE
MPS USABLE = 44267.
NOMINAL - 43399.
RESERVES - 868.
BOILOFF - 1369.
START/STOP = 325.

MAIN STAGE AUXILLIARY TANKS
USABLE - 27_96.
NOMINAL - 26558.
RESERVES - 531.
BOILOFF - 6.

MGSS ACS NOMINAL = 2547.

ACS USABLE ,, 1100. EPS USABLE ,,
NOMINAL ,- 1060. NOMINAL -
RESERVES - 160. RESERVES ,,

445

WEIGHT
(LBS)

MAIN
94435
94362
94164
67581
67374
56632
55926
38499
38277
76614
76369
75883
75634
75348
75166
74378
73951
73169
72661
71832
71138
76769
76475
76197
69964
69166
68673
68556
34473
34424
23619
22955
22856
20526.
26167.
26134.
19573.
19541.
19426.
11926.

8494.

157.

34.
28.

6.

OTV 1656
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Table 9.6.2-1 Ground Based Vehicle/Auxilliary Tank Evolution Summary

SIZING MISSION Multi - Low G Sortie

Manifest

SIZING

OTV MPS Usable (Lbs) 46867 46867
OTV End of Mission (_bs) 8604 8604

OTV gettisomable Ballute (_bs) 930 1196

Aux. Ta_k MPS Usable (Lbs) ***** 23957
Aux.Tank End of Mission (lbs) ***** 3621

46867
8874
2509

30677
4155

446 omv 18s7
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the auxiliary tanks (4000 Ibs) and the manned module (7500 Ibs). The performance sizing

computer output for the manned sortie mission is shown in table 9.6.2-2 for the ground

based vehicle with auxiliary tanks.

Another concept investigated was the use of a cost-optimum, non man-rated

reusable perigee kickstage (RPKS). This vehicle would be sized on the basis that it

would be deployed from the Space Shuttle at an altitude of 140 nm, execute a single

LEO to GEO perigee burn (no plane change), separate from the payload and it'sliquid

propulsion module (LPM), then deorbit to an aerobraking altitude of 45 nm, aerobrake,

and circularize in a 140 nm orbit to await recovery. A 14,000 Ib payload to GEO was

used as a sizing mission. The LPM was a storable system with a specific impulse of 328

seconds and mass fraction of 0.92 and was used for the apogee circularization and 28.5

degrees plane change maneuver. More demanding unmanned delivery missions would be

handled with use of two RPKS's, and the 7500 Ib GEO manned sortie would use a man-

rated second stage. A sizing summary of the cost-optimum stage, the man-rated stage,

and the LPM is shown in table 9.6.2-3. The performance sizing computer output for

both cases are shown in tables 9.6.2-4 and 9.6.2-5. Life cycle cost analysis was not

performed on the RPKS concept.

9.7 VEHICLE SENSITIVITIES

Main propellant sensitivities to various performance parameters are given in

section 9.7.1 for the selected space based vehicle. Payload sensitivities are given in

section 9.7.2 for the selected ground based vehicle. For both cases, vehicle

characteristics include: two advanced engines with an expansion ratio of 1000 and

thrust of 5000 Ibs each, expendable ballute with a backwall temperature of 1500 deg F

and turndown ratio of 1.5, and a hydrazine attitude control system.

9.7.1 Space Based Sensitivities

MPS propellant sensitivities to various performance parameters are given in table

9.7.1-1, for a single stage space based vehicle with main propulsion tanks and aerobrake

sized for the 7500 Ib GEO manned sortie. Propellant sensitivities are given in table

9.7.1-2 for the same vehicle except non-man-rated and using an aerobrake sized for the

20,000 Ib GEO unmanned low g mission. These sensitivities do not account for the

change in tankage required for the change in propellant.

MPS propellant (Wp) and end of mission weight (Weom) sensitivities to additional

inert weight (Wadd) for the small and large space based single stage are given in table

447



D180-29108-2-3

Table 9.6.2-2 Ground Based Vehicle Performance Output

2:15 PM, 12-JUN-85

OTV MPS USABLE PROPELLANT FIXED AT 46867.
STAGE TRENDING: END OF MISSION - 5862. + .0643 • MP$ USABLE
BALLUTE TRENDING: JETTISON - 1534. + .0318 • AUX TANK USABLE
AUX TANK TRENDING: END OF MISSION - 1715. + .0796 • AUX TANK USABLE

MISSION/BASING: GROUND BASED GEO MANNED MGSS SORTIE
BRAKE: EXPENDABLE BALLUTE (1500 DEC), BALLUTE TURNDOWN RATIO - 1.5

ENGINE: ADVANCED (2), THRUST - 10000.PROPULSION: MPS ISP - 483.2, ACS ISP 220.0, MGSS ISP 220.0
MAIN TANK SIZING: GROUND BASED GEO UNMANNED MULTIPLE MANIFEST
BRAKE SIZING: GROUND BASED GEO MANNED MGSS SORTIE
STAGES: 1 WITH REUSABLE AUX TANKS

MISSION PROFILE DELTA V DELTA T DELTA W
(F/S) (HOURS) (LBS)

MAIN STAGE AUXILLIARY TANKS:
1 DOCKED AT LEO STATION 0. 72.6 -186.

MAIN STAGE:
2 MP$ BURN FROM 120 NM. CIRC 281.
3 ACS COAST 10.
4 MPS BURN TO 270 NM. CIRC 259.
5 ACS REND/DOCK 40.
6 DOCKED AT LEO STATION 0
7 ATTACH AUX TANK e
8 PICKUP PAYLOAD 0
9 ACS SEPARATION 10

10 ACS COAST IB
11AUX TANK PERIGEE BURN I • 5402
12 ACS COAST 20
13 MPS PERIGEE BURN 2 * 2454
14 ACS COAST 10
15 MPS BURN 5798
16 ACS REND/DOCK 40
17 ATTACH MGSS 0
18 MGSS OPERATIONS 28
19 DROP MGSS PAYLOAD 0.
20 MPS BURN 46.
21MGSS COAST 16.
22 MPS BURN 46.
23 MGSS OPERATIONS 66.
24 DROP MGS$ PAYLOAD 0.
25 MPS BURN 160.
26 MGSS COAST 10.
27 MPS BURN 160.
28 MGSS OPERATIONS 60.
29 DROP MGSS PAYLOAD 6.
30 MPS BURN 46.
31 MGSS COAST 10.
32 MPS BURN 46.
33 MGSS OPERATIONS 70.
34 DROP MGSS PAYLOAD e.
35 MGSS COAST 10.
36 DETACH MGSS 0.
37 ACS SEPARATION 10.
38 MPS DEORBIT BURN 6245
39 ACS COAST 10
40 MPS BURN 50
41 AEROMANEUVER 0
42 MPS POST AERO CORRECT 251
43 ACS COAST 10
44 MPS BURN 420
45 ACS COAST 10
46 ACS REND/DOCK 40
47 DROP PAYLOAD 0
48 DETACH AUX TANK 0

0.1
0.8
0.1
1.0

24.0
0.0
0.0
0.0
0.8
0.2
3.0
0.2
5.3
0.1
1 0
0 0

24 0
0 0
0 1

48 5
0 1

24.0
O.O
0.1

126.0
0.1

24.0
O.O
0.1

48.5
0.I

48.0
0.0
6.0
0.0
e.o
0.1
6.2
0.1
0.1
0.1
0.8
0.1
0.8
1.0
0.0
0.0

OTV FLUIDS SUMMARY

-le34
-88

-1008
-335

-89
34256

7500
--141
-145

--30101
-212.

-10174.
-111.

--18369.
-234.

38410.
-311.
-426.
-255.
-289.
-254.
-740.
-427.
-806.
-572.
-789.
-712.
-429.
-240.
-282.
-238.
-884.
-427.
-122.

-34081.
-52.

-12068
-67

-103
-2509

-372
-34

-591
-33

-122
-7500
-4186

WEIGHT
(LBS)

AUX TANK
34256.

MAIN
59600.
59512.
58504.
58169.
58080.
92336.
99836.
99696.
99551.
69450.
69238.
59065.
58954.
40584.
40351.
78760.
78450.
78024.
77768.
77479.
77225.
76485.
76058.
75255.
74683.
73894.
73182.
72753.
72513.
72231.
71993.
71109
70682
70560
36479
36427
24360
24293
24190
21681
21310
21275.
20684.
20651.
20529.
13029.

8874.

• MAIN STAGE GRAVITY/STEERING LOSS (F/S) - 203.

MAIN STAGE
MPS USABLE - 46868.
NOMINAL - 45949.
RESERVES - 919.
BOILOFF - 1457.
START/STOP - 375.

MAIN STAGE AUXILLIARY TANKS
USABLE - 30677.
NOMINAL = 30076.
RESERVES - 602.
BOILOFF - 180.

ACS USABLE I 1611. EPS USABLE - 37.
NOMINAL - 1465. NOMINAL - 31.
RESERVES - 146. RESERVES - 6.

OT'V 1658

MGSS ACS NOMINAL - 2620. 448
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Table 9.6.2-3 Reusable Perigee Kickstage Summary

SIZING MISSION 14000 lb GEO

Unmanned

7500 IbGEO

Manned Sortie

SECOND STAGE LPM RPES

INTERSTAGE EIGHT (LBS) 0 634

SIZING

STAGEI

MPS Usable (Ibs) 25064
End of Mission (].bs) 6990

Jettisonable Ballute (]_bs) 924

STAGE 2

MPS Usable (lbs) 11767

End of Mission (lbs) 1023
Jettisonable Ballute (lbs) 0

25064
7624
924

39160
8379
1357

OTV 1659
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Table 9.6.2-4 Reusable Perigee Kick Stage and Liquid Propellant Module Sized for 14000/b GEO Delivery

AX, 2D-:'rrs_r,-8 5

BASING/MISSION: GROUND BASED GEO UNMANNED
BRAKE: EXPENDABLE BALLUTE, B/W TEMP - 1500, T/D - 1.5
ENGINE: 2 ADVANCED, THRUST - I0000.
PROPULSION: MPS ISP STAGE 1 - 483.2, STAGE 2 - 328.0, ACS iSP = 220.0
STAGES: 2

WEIGHTS INPUT

STAGE I END - 6990., JETT BALLUTE -
STAGE TRENDING: END OF MISSION -
BALLUTE TRENDING: JETTISON -

924.
5382. + .0642 * MPS USABLE

920. + .0002 * MPS USABLE

STAGE 2 END - 1023.
STAGE TRENDING: END OF MISSION -

MISSION PROFILE DELTA V
(F/S)

STAGE I
I 12 ACS COAST IN 140 NM
2 12 MPS PERIGEE BURN
3 1 ACS COAST TO GEO
4 1 MPS DEORBIT BURN
5 1ACS COAST
6 1MPS PRE AERO BURN
7 1AEROMANEUVER
8 1MPS POST AERO CORRECT
9 1 ACS COAST TO 140 NM

I0 1MPS CIRCULARIZE BURN

10
7997

10
61
10
50

0
251

10
199

0. + .0870 , HPS USABLE

DELTA T DELTA W WEIGHT
(HOURS) (LBS) (LBS)

0.8
0 2
5 3
0 0
5 3
0 0
0 0
0 0
0 0
0 0

-91
-24334

-39
-58
-39
-51

-924
-141

-10
-115

59285
34951

8328
8271
8232
8180
7256
7115
7105
6990

STAGE 2
II 2 MPS BURN
12 2 DROP PAYLOAD

GRAVITY/STEERING LOSS (FPS) STAGE 1 =

PROPELLANT SUMMARY

6013. 0.0
0. 0.0

211., STAGE 2 - ,

15023.
1023.

MPS TOTAL PROPELLANT - 37429.

STAGE I
MPS USABLE - 25064.
NOMINAL - 24573.
RESERVES - 491.
BOiLOFF = 42.
START/STOP - 125.

ACS USABLE - 129. EPS USABLE
NOMINAL = 117. NOMINAL =
RESERVES - 12. RESERVES -

21.
17.

3.

STAGE 2
MPS USABLE - 11767.
NOMINAL - 11536.
RESERVES - 231.
BOILOFF = 4.
START/STOP = 25.

ACS USABLE = 0.
NOMINAL = 0.
RESERVES = 0.

PROPELLANT COEFFICIENTS:
GROUND BASED GEO UNN_NNED, A =

EPS USABLE =
NOMINAL
RESERVES

MPS TOTAL = A + B " PAYLOAD
7961., B = 2.126

.

0.
0.

450 ow 166o
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Table 9.6.2-5 Reusable Perigee Kickstage and Man Rated Stage Sized for 7500 Ib GEO Sortie

B:e4 AM. 18-JUL-8S

0TV MPS USABLE PROPELLANT FIXED AT 25BB¢.

BASING/MISSION: GROUNO BASED GEO MANNED SORTIE

BRAKE: EXPENCABLE BALLUTE. B/_ TEUP -'lBGe. T/O - 1.S

ENGINE: 2 ADVANCED. THRUST -- leeee.
PROPULSION: MPS ISP STAGE t - 485.2. ACS ISP - 229.B. MGSS ISP - 229.B

STAC._ES: 2

WEIGHTS INPUT

STAGE 1 END -- 762_., JETT BALLUTE - 924.

STAGE 2 END -- B379.. JETT BALLUTE - 1357.

STAGE TREN01NG: END OF MISSION -- 5852. + .eB43 • MPS USABLE

BALLUTE TREN01NG: JETTISON -

MISSION PROFILE DELTA V

(F/S)

STAGE 1

1 1MPS BURN FROM 148 NM.

2 1ACS COAST

3 1MPS BURN TO 276 NM.

6 1ACS RENO/0DCK

5 1 DOCKED AT LEO STATION

STAGE 2

G 2 MPS BURN FROM 14e NM.

7 2 ACS COAST
8 2 UPS BURN TO 276 NM.

g 2 ACS RENO/OOCK

18 2 PICKUP PAYLOAD

STAGE 1
11 12 OOCKED AT LEO STATION

12 12 ACS SEPARATION

13 12 ACS COAST

16 12 MPS PERIGEE BURN 1

15 ACS COAST

18 MPS DEORBIT BURN

17 ACS COAST

18 MPS BURN

lg AEROMANEUVER

2g MPS POST AERO CORRECT

21 ACS COAST TO IAe NM.

22 MPS BURN

23 ACS COAST/AWAIT PICKUP

STAGE 2
2¢ 2 ACS COAST

25 2 MPS PERIGEE BURN 2

25 2 ACS COAST

27 2 uPS BURN

28 2 ACS REND/DOCK

29 2 ATTACH MGSS

38 2 MGSS OPERATIONS

31 2 DROP MGSS PAYLOAO

32 2 MPS BURN

33 2 MGSS COAST

34 2 MPS BURN
3B 2 MGSS OPERATIONS

36 2 DROP MGSS PAYLOAD

37 2 MPS BURN

38 2 MGSS COAST

39 2 MPS BURN

48 2 MGSS OPERATIONS

&l 2 DROP MGSS PAYLOAD

42 2 MPS BURN

43 2 MOSS COAST

44 2 MPS BURN

45 2 MOSS OPERATIONS

46 2 DROP MGSS PAYLOAD

47 2 MGSS COAST

48 2 DETACH MGSS

4g 2 ACS SEPARATION
5e 2 MPS DEORBIT BURN

51 2 ACS COAST

52 2 MPS BURN

53 2 AEROMANEUVER

54 2 MPS POST AERO CORRECT

55 2 ACS COAST TO 2Be NM.

56 2 MPS BURN

57 2 ACS COAST TO 278 NM.
58 2 ACS RENO/OOCK

59 2 DROP PAYLOAD

GRAVITY/STEERING LOSS (FPS) STAGE 1 -

PROPELLANT SUMMARY

UPS TOTAL PROPELLANT - 66895.

STAGE 1

UPS USABLE - 25663. XCS USABLE -

NOMINAL m 36572. NCMINAL Q

RESERVES -- 691. RESERVES -

BOILOFF - 135.

START/STOP - 175.

STAGE 2

MPS USABLE -- 39168. ACS USABLE -

NOMINAL -- _B392. NCMINAL --

RESERVES -- 768. RESERVES -

BOILOFF -- 1376.

START/STOP - 35e.

MGSS ACS NOMINAL 2289.

451

833. + .B134 * MPS USABLE

DELTA T DELTA W WEIGHT

(HOURS) (LBS) (LBS)

225. e.1 -513. 334Ba.
le. S.8 -51. 33412.

223. e.I -See. 32912.
4e. 1.8 -191. 32721.

e. 24,B -89. 32633.

225. e.1 -755. See77.

le. 8.B -75. Seee2.

223. s.1 -737. 49265.
4e. 1.8 -283. 48982.

e. e.B 75Ge. 5B482.

B. 2.B -15. 891e8.

lB. e.8 -128. 88974.

le. e.B -133. 88842.

4592. @.2 -23212. 66638.

16. 2.6 -23. 9135.

276. e.6 -185. B958.

lB. 2.6 -23. 6927.

50. O.l -5¢. 8873.

@. 6.1 --924. 79¢9.

251. 6.1 -152. 7798.
1_. 6.8 -15. 7782.

216. 6.1 -132. 7656.

lB. 3.6 -26. 7624.

28. 3.6 -t75. 56296.

3182. 6.2 -1669B. 4BBeB.

16. 5.3 -92. 45714.

5964. 6.1 -14582. 31132.

4B. 1.6 -181. .36951,

6. 6.B 3BB79. 6963B.

2B. 2¢,6 --253. 687¢7.
6. 6.6 -426. 68321.

46. 6.1 --227. 6BB94.

16. 48.5 -275. 67818.

66. 6.1 --225. 67593.

86. 24.6 .-.659. 66935.

e. e.e -427. 66568.

16B. 6.1 -7B6. 65882.

16. 126.8 -558. 65243.
16B. 6.1 -693, 6¢551.

66. 24.6 --633. 63918.

6. 6.6 -_29, 63689.

46. 6.1 -213. 63276.

16. 48.5 -269. 6368B.

_6. 6.1 -211. 62797.

76. 68.8 -794. 62993.

B. e.e -¢27 61576.

16. 6.e -169. 61667.

6. 6.6 -34081. 27386.

16. 6.6 -39. 27347

6266. 6.1 -9B64. 182BS.

16. 6.2 --SB. 18225.

56. @.I -BS. 18162.
6, 6.1 -1357. 16785.

251. 6.1 -293. 16A91.
16. 6.B -27. 16464,

426. 6.1 -¢63. 16_61.

16. 6.B --27. 1597A.

4e. 1.6 -95. 15679.

8. 6.6 -75B@. 8379.

112., STAGE 2 - 17.

5BB. EPS USABLE - 19.

531. NOMINAL -- 16.

53. RESERVES - 3.

1843. EP5 USABLE - 36.

94B. NOMINAL - 3_.
95. RESERVES " 5.

OT'V1661
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Table 9. 7. 1-1 7500/b GEO Manned Sortie MPS Propellant Sensitivities

SENSITIVITY PARAMETER CKANGE IN PROPET_T_NT/CKANGE IN PARAMETER

MPS Isp

ACS Isp
End of Mission weight

Jettisoned ballute weight
Aeromaneuver oorrection delta-v

Payload

- 231. Lbs/seo
- 3.01 Lbs/seo

+ 3.07 Lbs/Lb

+ 2.88 Lbs/Lb

+ 4.50 Lbs/fps
+ _.01 l.bs/lb
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Table 9. 7. 1-2 20000 Ib GEO Unmanned Low g MPS Propellant Sensitivities

SENSITIVITY PARAMETER CHANGE IN PROPET,T,ANT/CHA-NGE IN PARAI_ETER

MPS Isp

ACS Isp
End of Mission weight
Jettisoned ballute weight
Aeromaaeuver correction delta-v

Payload

- 203. Lbs/seo

- 2.09 l.bs/seo

+ 2.95 ]_bs/]_b

+ 2.76 ]_bs/l.b

+ 2.39 l.bs/fps
+ 1.49 l.bs/lb

453
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9.7.1-3. These sensitivities reflect the required change in tankage due to the change in

propellant weight.

Table 9.7.1-3 MPS Propellant and End of Mission Sensitivities to Additional Inerts

VEHICLE dWeom/dWadd dWp/dWadd dWp/dWeom

Small Space Based

Large Space Based

1.20 3.51 2.92

1.23 3.92 3.19

9.7.2 Ground Based Sensitivities

Payload sensitivities to certain performance variables for the single stage ground

based vehicle sized for the i0,000 Ib GEO unmanned multiple manifest mission (section

9.6.2) are given in table 9.7.2-i for a GEO delivery mission. Shuttle deployment

capability was assumed fixed for this analysis, and the maximum OTV weight was

restrained to this value.

Table 9.7.2-1 Ground Based GEO Delivery Payload Sensitivities

SENSITIVITY PARAMETER CHANGE IN PAYLOAD/CHANGE IN PARAMETER

MPS Isp

End of Mission Weight

Jettisoned ballute weight

+ 64.2 ibs/sec

- 1.56 Ibs/Ib

1.51 Ibs/Ib
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10.0 AERODYNAMIC DATA DEVELOPMENT

The aerodynamic data and analysis techniques are described for the OTV's

employing a ballute brake, symmetrical lifting brake, and shaped brake. Overall

characteristics of these configurations are shown in figure I0-i. Flight test and/or wind

tunnel data corrected to flight have been included in the data base whenever possible.

Aerodynamic parameters for the shaped brake (no test data available) were based on the

Aerodynamic Preliminary Analysis System (APAS) (which is described in ref. 49) with

corrections for real gas effects. These data were scaled using the reference areas and

length as required to complete performance trade studies.

I0.I BALLUTE BRAKE OTV

Aerodynamic characteristics have been developed for the space based OTV using a

50 ft dia (max) ballute as shown in figure 10-2. For the baseline aerobrake concept

which controls the internal ballute pressure to modulate drag, hypersonic aerodynamic

characteristics were predicted for the 60 degree design ballute shape and the 48 degree

turndown ballute shapes. The APAS model and lift,drag, and pitching moment trends

are seen in figure 10-3. The impact method selected is modified Newtonian with

Cp(max) of 1.95 (a=1.15). The maximum drag coefficient (design shape) is 1.15 and the

minimum drag coefficient (48 ° turndown) is 0.61. The turndown shape has the lower Cm

values (referred to the nose) and determines the ballute static stability limits. The

reference area and length are the respective maximum base area and diameter of the

60 ° design shape.

Similar analyses were completed by NASA LaRC for this configuration resulting in

the variation in CD A and aerodynamic center versus ballute turndown angle shown in

figure 10-4. Improvement in static stability (further downstream aerodynamic heating)

can be achieved by increasing the initialdesign angle to 70 degrees.

The variation in ballute shape with internal pressure is shown in figure 10-5. The

variation of CDA (units FT2) with pressure ratio isshown in figure I0-6.

These ballute aerodynamic characteristics were scaled with reference area and

length when trade studies involved different diameter ballutes. The scaling is

recognized as a first approximation and the ballute actual characteristics are dependent

on several parameters determined by its initial design point to be demonstrated in the

Aeroassist Flight Experiment (AFE) Study. The key shape parameters include: ballute

design angle, design internal-to-external pressure ratio, meridian stress, fabric stress,

front and rear attach points, and maximum diameter.
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For the trade studies, constraints were placed on the aerodynamic stability and

turndown ratios. A positive static margin of 5% of the turndown length was imposed

since the aerodynamic moments are large when compared to the RCS system capability.

This static margin istypical for aerodynamically stabilized configurations. In addition,

a minimum ballute diameter exists for which the desired turndown ratio can be achieved

for given OTV vehicle attach points. This can only be determined by detailed analysis,

but can be crudely approximated by bounding the turndown angles range as 70 to 48

degrees, by selecting the best information available from AFE analysis and examining

the trends in CDA versus ballute angle for different forward attach points. The

minimum diameter for the OTV attach points isapproximately 33 feet.

The ground based OTV employs ballute diameters of 33', 44' and 66' to

accommodate different payloads. The first approximation of the design shape using

isotensoid methods is shown in figure 10-7.

Another ballute Concept investigated used main engine exhaust flow to modulate

drag rather than change the ballute shape. The aerodynamic characteristics of this

concept are based on wind tunnel test results as reported in references 10-2 and 10-3

and subsequent modified Newtonian aerodynamic analyses. Balance tests of ballute

configurations with and without jet counterflow were conducted in the NASA/Langley

22 inch, Mach 20 helium tunnel. Results show that the ballute drag can be varied by an

order of magnitude by modulating the ratio of the momentum flux of the engine exhaust

to that of the ambient flow as shown in figure 10-8. Note that the drag coefficient

shown in figure 10-8 represents only the drag on the ballute, and does not include the

contribution of the center body. The concept for this test employed two 7500 Ib thrust

RL 10-3 engines, tank head idle with each providing about 25 Ibs thrust resulting in a

total momentum ratio of about 0.000057. Pumped idle can achieve up to about 10

percent thrust, or 1500 Ibs which, by extrapolating the test results, indicates a reduction

in drag by a factor of I0.

When the OTV returns from high energy orbits and uses the upper atmosphere for

an aero-braking maneuver it passes through several different flow regions. The regions

are free molecular, slip (or transitional) and continuum. The influence of these flow

regimes on ballute drag coefficient are illustrated in figure 10-9. More than 95 percent

of the delta V, and more than 90 percent of the aerodynamic heating occurs at altitudes

below 300,000 ft, where continuum flow can be considered.
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10.2 SYMMETRICAL LIFTING BRAKE CONFIGURATION

Hypersonic aerodynamic characteristics have been estimated for the symmetric

brake configuration shown in figure 10-I0 using APAS. The APAS model and lift,drag

and pitching moment trends are seen in figure 10-11. The impact method is modified

Newtonian with Cp(max) of 1.95 (a-l.15). The aerodynamic stability characteristics are

illustrated by the variation of pitching moment with center of gravity location. The

lift-to-drag ratio is 0.25 at 20 degrees angle of attack and 0.30 at 30 degrees angle of

attack. The reference area and length are the maximum area and radius, respectively.

Viscous effects will vary L/D by less then 10% during the part of the trajectory which is

important to guidance results (altitudes less than 280,000 ft).

APAS IIresults were used to investigate the lifting brake stability characteristics.

The trim c.g. and aerodynamic center are shown for 0, i0, and 20 degree angle of attack

in figure 10-12. The vehicle remains stable until the c.g. is aft of the nose by slightly

over one brake radius. These data were used in the trade studies and scaled using the

reference area and length.

10.3 SHAPED BRAKE

Similar hypersonic aerodynamic characteristic have been estimated for the shaped

brake using APAS. The OTV shaped brake shown in figure 10-13 is a raked-off elliptical

cone which has been blunted with an ellisoid nose cap and faired into a 40 foot base

skirt. The APAS model and the lift,drag, and pitching moments are shown in figure i0-

14. The impact method selected is modified Newtonian with Cp(max) of 1.95 (a=1.15).

The design lift-to-drag ratio is 0.275 at zero degree angle of attack. The shape is a

relatively stable configuration as seen from the pitching moment (referenced to the

theoretical apex) slope. The lift and drag coefficients are 0.37 and 1.35, respectively.

The reference area and length are the base area and diameter, respectively.

When compared to similar aerodynamic data for the equivalent raked-off elliptical

cone, the effects of bluntness and the skirt are significant for the shaped brake with

L/D being 10% lower. The skirt contributes more to this difference than does nose

bluntness. Parameteric data for trade studies is available from NASA TN D-2624 (ref

10-4) for the raked-off elliptical cones. The effect of c.g. position on pitching moment

was investigated in order to determine the c.g. position to trim at zero angle of attack.

The aerodynamic center and trim c.g. positions are presented in figure 10-15.

These data were used in trade studies and analyses which resulted in a

modification of the basic concept for packaging. The base plane was modified to form a

44' X 36.4' ellipse and the overall depth normal to the base plane was increased i0
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percent. The APAS model of the modified shaped brake and its aerodynamic

characteristicare shown in figure10-16.
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11.0 OTV RELIABILITY ANALYSIS

II.I INTRODUCTION

The reliability analyses performed for the Phase A OTV study are the

continuations of those earlier analyses performed during the FOTV and AOTV studies.

The primary purpose of the OTV analyses was to determine an OTV hardware

configuration optimized to meet anticipated mission requirements for an unmanned GEO

delivery mission. Optimization was achieved via Life Cycle Cost (LCC) vs. Reliability

(R) studies. In addition to the GEO delivery mission, preliminary reliability

optimizations were performed for five other unmanned and manned missions which may

be used in future OTV studies.

11.2 RELIABILITY MODEL

The OTV reliability block diagrams are shown in figures 11-1 through 11-6. Figure

11-1 shows the overall OTV system in terms of its subsystems. Subsequent figures detail

the subsystems. (The Structure and Debris Protection subsystems are not detailed

because they are structural in nature.) The configuration represented by these diagrams

contains no redundancy; i.e.,these are "single thread" diagrams and provide the starting

point for subsequent analyses. All required OTV functions are satisfied by the

components in these diagrams.

Each block is labelled with the component it represents and also contains the

failure parts of that component during the boost and coast phases of the mission. The

failure rates used in the later analyses described below are the averages of the boost

and coast failure rates weighted by the amount of time spent in each of these phases for

each mission analyzed. Numbers in parentheses under some blocks indicate the quantity

of those components required to satisfy OTV functional requirements (see, for instance,

fig.l1-6).

The failure rates themselves are chiefly those which were used in prior FOTV and

AOTV studies. These in turn were the failure rates obtained from similar [US equipment

and adapted for FOTV and AOTV use. A notable exception to the preceding is the

failure rates used for the Data Management Units (DMU's) in the avionics subsystem.

The DMU's, being of new design, required new failure rates. These failure rates were

calculated in accordance with the parts count method of MIL HDBK 217D. Parts quality

was assumed to be equivalent to class B.

475



D180-29108-2-3

ST 1

Structure

1-28 1-31

DP 1 EP 1-28 PR 1-39 AA 1 - 9 AC1-19 AV 1-48

H Debris _ ElectriCal _ Pr°pulsion H Aer°assist _ Attitude _ A viO nk::sProtection Power Control

[_:> Component Number

Figure 11-I OTV System Single Thread Reliability Block Diagram

OTV-1585

476



D180-29108-2-3

H2 System

,r7

IT7.2/.12

l"

Tank
Heated
4.7/.156

OPICL VLV OPICL VLV CL

7/.07 501.5 1/.01

H Fill &

Drain
VLV CL
11.01

_1. O2 System m

I--
02
Tank
7.21.12

Tank
Heater
4.7/.1 56 H,o.v vH- Ho,-HOPICL VLV OP/CL VLV CL

7/.07 50/.5 1/.01

Fill &

Drain VLV
11.01

Fuel HCell
20001200

Heat
Exchange
9/.3 H oo,H H HVLV VLV CL VLV CL

71.07 11.01 1/.01 Accumu- H Padiator
lator 91.3
5111.7

Fill & H
Drain VLV
CL
11.01

Pump
60/2
(2 Per BIk) H H20 H

Tank

7.21.12

Util
Bait _ End
1291L

_> Failures per Million Hours
During Launch

0 n-O rb it

Figure 11-20TV EPS Reliability Block Diagram - Single Thread

OTV-1586

477



Fuel System

I Fuel
Tank

J 7.21.12

t

D180-29108-2-3

Therm _ Vent

Vent VLV VLV OPICL
OP/CL 7/.07
210/3.50 Vent _ Fill, Dump

VLV OPICL & Drain VLV
71.07 CL

1/.01

Pre-V LV J
OP
61 .O6

l_xidizer System

l[ 7.21.12

P
Therm

Vent VLV Vent

OPICL VLV OPICL
210/3.50 71.07

If
Vent I I Fill, Dump

VLV OP/CL H & Drain VLV
7/.07 CL

1/.01
H Pre-V LV

OP
6/.06

E ngine System

Tank Press

Chk VLV
OPIC L

97.23.972

If
Tnk Press I I SOLVLV

Chk VLV _ Fuel

OPICL OPICL
97.21.972 71.07

VLV Fuel Fuel VLV Fuel

OPICL OPIC L OPIC L
71.07 7/.07 71.07

Engine
& V LVS
4102iCY

End

Figure 11-3 0 TV Propulsion Reliability Block Diagram - Single Thread

OTV-1587

478



D180-29108-2-3

CDA _ CDA

Sensor SensOr
1.89/ 1.89/

Failures Per Million Cycles

H H HsoLvLvSDA Squib Ballute 10PICL

Sensor 300ICY R-1.0 61.06+.2CY1.89/ FJsoLLv_ I
OP/CL I

61"06*'28/_ I

I
End

Figure 1 1-40TV Aero-Assist Reliability Block Diagram - Single Thread

OTV.1588

479



D180-29108-2-3

VLV CL VLV CL & Fittings VLV OP Htr

11.01 11.01 7511.25 48.61.486 4.681.486

VLV CL VLV CL VLV OP Htr & Feed

11.01 11.011 48.61.486 42,681Per.486Bik 27914.65

i iManifold Heaters

Switch M nifld SIO V LV _3790.081 I J 4.2838 +

OP&CL Heater CI. _4.2638+.0751CY _IREM .0751CY

i} 7/.07 13.471.449 11.01 | See Next I I See Next
[Page ] IPave

t_ J
v

6 of These in Series

Figure 1 1-5 0 TV A CS Reliability Block Diagram - Single Thread

0TV-1589

480



D180-29108-2-3

Linest

Fitting
.81.0009 _ Valve

Prop Upsteam
Filter 1816.01

19.2/.0216 2.043
t.01/cy t  ''wovC°ec°KooohDownstearn _ Piwg EMI

1816.0/ [_ (All) Filter

I 116"61"018t .01 Icy

(4)

EMI

Filter

.64/.0007

Thrst
Chamber

Assy
32.0/.036

+.551CY

Htr Conn.

Pins

8.01.009

(2)

Valve
Heater

8.01.009

Thrstr Thrstr
Thermostat Htr Conn Heater

56.0/,065 Pins 8.01.009
8.01.009

Thermal

Shield

.8/.0009

Figure 11-5 (Continued) REM Single Thread Reliability Block Diagram
(Derived from Rocket Research Co. Diagram)

OTV-1590

481



D180-29108-2-3

03

I

'._

I--

@

482



D180-29108-2-3

TvcH HC ntrl Actuator Actuator

I
L__

Flex &
Relays
136.514.57

I

.... u

SwcH HOP/CL Gears
36.3/.51 9611.6

L

Util Pwr
SW OPICL
36.3/1.6 Motor &

Drive

36.2/1,6

Util Pvw
SW
9611.6

Star Trak _ Laser
1511.5 Gyros

200120
End

Figure 17-6 0 TV Avionics Re/lability Block Diagram - Sing/e Thread (Continued)

OTV-1592

483



D180-29108-2-3

11.30TV MISSIONS

This paragraph contains a brief description of the missions which have been

investigated and is divided into unmanned and manned missions. Analysis for the

unmanned missions is comparatively straight forward as regards reliability. The manned

missions require the consideration of survivability which adds a new dimension to these

analyses. The following timelines relate to a SB OTV. GB OTV's would have a small

time increment added to the beginning of the mission to account for launching into LEO.

11.3.1 Unmanned Missions

The timelines for the three unmanned OTV missions are shown in tables 11-1

through 11-3. For purposes of reliability and LCC analyses, two of the times during

these missions are of importance: The time of payload separation (or rendezvous and

docking) which determines the probability of successfully completing the purpose of the

mission, and total mission times which determines the probability of recovering the

OTV. As stated previously, analytical emphasis was placed upon the mission timelined in

table 11-1.

11.3.2 Manned Missions

The timelines for projected manned missions are shown in table 11-4 through 11-6.

For these missions reliability is the probability of successful payload delivery (or

servicing) and survivability is the probability of successful return of the astronauts.

These subjects are further described in paragraph I1.4.2.

11.4 REDUNDANCY OPTIMIZATION

The first step in the reliability/LCC optimization is the optimization of reliability

starting with the single thread OTV configuration, with respect to cost and weight for a

specific mission timeline. This amounts to adding redundant components to the single

thread configuration in a specific sequence to increase reliability in the most cost

effective manner. Redundancy optimization is performed by the Boeing-developed

single thread reliabilityoptimization program (STROP). STROP is a computer program

for reliability vs "constraint" optimizations on single thread system configurations. OTV

constraints are cost and weight. Optimization is based on redundancy additions

sequentially selected in accordance with yielding the maximum ratio value of delta

reliability/delta cost (or delta weight) for all possible options at each step. Reliability

equations are based on Markovian formulations with the assumption of exponential
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TABLE ii-I UNMANNED GEO DELIVERY TIMELINE

EVENT DURATION (Hrs) ELAPSED (Hrs)

Start Mission

Pre-Launch Ops.

Separate/Coast

Transfer Burn 1

Coast

Transfer Burn 2

Coast

Circularize Burn

GEO Ops + Phasing

De-Orbit Burn

Coast

Aeromaneuver

Coast

Ballute Election

Coast

Perigee Raise Burn

Phase

LEO Circularization Burn

End Mission

OMV Retrieval

0.0 0.0

5.0 5.0

0.988 5.988

0.138 5.926

2.38 8.306

0.154 8.460

5.15 13.610

0.134 13.744

24.00 37.744

0.036 37.780

5.20 42.980

0.05 43.030

0.05 43.080

0.i0 43.180

0.640 43.820

0.001 43.821

12.409 56.230

0.001 56.231

0.0 56.231

Not defined

=TI

- T2

No. of Burns

Burn Time

Coast Time

Total Time

=6

= 0.464 hrs

= 55.767 hrs

= 56.231 hrs
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TABLE 11-2 UNMANNED LUNAR DELIVERY TIMELINE

EVENT DURATION (Hrs) ELAPSED (Hrs)

Separate/Coast

Injection Burn

Coast W/Correction Burn

Lunar Insertion Burn

Rendezvous & Dock

Transfer Payload at LSS

Separate/Orientation

De-Orbit Burn

Coast W/Correction Burns (2)

Aeromaneuver

Coast

LEO Circularization

0.788 0.788

0.482 1.270

118.519 119.789

0.073 119.862

3.000 122.862

2 124.862

1.000 125.862

0.018 125.880

119.520 245.400

0.064 245.464"

0.752 246.216

0.002 246.218

=T1

= T2

No. of Burns = 8

Burn Time = 0.583 hrs

Coast Time = 245.635 hrs

Total Time = 246.218 hrs
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TABLE 11-3 UNMANNED PLANETARY

EVENT DURATION (Hrs) ELAPSED (Hrs)

Separate/Coast

Burn 1

Coast

Burn 2

Separate Payload

Coast

Deceleration Burn

Coast/Correction

Aeromaneuver/Correction

Coast

Circularize at LEO

0.788 0.788

0.227 1.015

6.135 7.150

0.170 7.320 = T1

0.111 7.431

0.046 7.477

63.262 70.739

0.027 70.766 = T2

0.755 71.521

0.003 71.524

No. of Burns

Burn Time

Coast Timle

Total Time

=6

= 448 Hr

- 71.076 Hr

= 71.524 Hr
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TABLE 11-4 MGSS REFERENCE MISSION TIMELINE

EVENT DURATION (Hrs) ELAPSED (Hrs)

LEO Coast

Perigee Burn 1

Coast

Perigee Burn 2

Coast

Geo Circ. Burn

Servicing 1

Transfer Burn 1

Coast

Phase Cite. Burn 1

Servicing 2

Transfer Burn 2

Coast

Phase Cite. Burn 2

Servicing 3

Transfer Burn 3

Coast

Phase Circ. Burn 3

Servicing 4

GEO Phasing

Deorbit Burn

Coast

Coast

LEO Cireularize

Contingency

0.788

0.216

2.530

0.197

5.213

0.192

24. 33.16 = TII

0.003

48.024

0.003

24. I05.17 = TI2

0.009

115.019

0.009

24. 244.2 = TI3

0.003

48.024

0.003

48.

6.

0.124

6.109

0.767

0.006

48. 401.2 (Total)
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TABLE 11-5 MANNED GEO MISSION (SELF-CONTAINED)

EVENT DURATION (Hrs) ELAPSED TIME (Hrs)

Separate/coast 0.788 0.788

Burn 1 0.315 1.103

Coast 2.237 3.340

Burn 2 0.350 3.690

Coast 5.055 8.745

GEO circularization burn 0.310 9.055

GEO ops 1 9.440 18.495

Phase burn (transfer) 1 0.011 18.506

Coast 77.779 96.285

Phase burn (circ.) I 0.011 96.296

GEO ops 2 9.739 106.035

Phase burn (transfer)2 0.011 106.046

Coast 77.779 183.825

Phase burn (circ.)2 0.010 183.835

GEO ops 3 9.740 193.575

Phase burn (transfer) 3 0.010 193.585

Coast 77.780 271.365

Phase burn (circ.)3 0.010 271.375

GEO ops 4 9.740 281.115

De-orbit burn 0.190 281.305

Coast to LEO w/correction 6.010 287.315

Aero maneuver w/correction 0.066 287.381

Coast 0.735 288.116

LEO circularization 0.009 288.125

=Tll

=T12

=T13

=T14

-T2

No. of Burns = 13

Burn Time = 1.243 Hrs.

Coast Time = 286.882 Hrs.

Total Time = 288.125 Hrs.
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TABLE 11-6 MANNED LUNAR MISSION

EVENT DURATION (I-L"s) ELAPSED TIME (Hrs)

Pre-launch operations at space station

Separate from space station

Coast (1/2 orbit); orientation maneuvers

Burn to lunar transfer orbit

Coast to low lunar orbit (2 1/2 day

transfer); midcourse correction

Circularization burn at low lunar orbit

Rendezvous and dock with LSS

Crew transfer to LSS habitat for lunar

operations; OTV power down

Crew transfer to OTV in preparation

for return to Earth; OTV power up

OTV separation from LSS; orientation

manuever

Burn to Earth transfer orbit

Coast to aeromaneuver (2 I/2 day

transfer); midcourse correction

Attitude correction

Aeromaneuver; correction burn

Coast to LEO apogee (1/2 orbit);

retract ballute

Circularization burnat LEO

OMV retrieval and return to space

station

No. Of Burns -- 8

Total Burn Time = 0.602 Hr.

Total Coast Time = 125.084 Hr.

S.I°

N.I.

0.788 0.788

0.434 1.222

N.I.

61.566 62.788

0.082 62.870

3.000 65.870=TI

N.I.

N.I.

1.000 66.870

0.066 62.936

N.I.

61.933 124.869

0.001 124.870

0.091 124.961=T2

N.I.

0.718 125.679

0.007 125.686

N.I.

N.I. : Not included

Total Mission Time = 125.686 Hr.
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failure times for the single thread component blocks. A summary of the mission

addressed and the types of redundancy optimizations performed is shown in tables 11-7.

11.4.1 Unmanned Mission Optimizations

Figures 11-7 through 11-10 show the results of the unmanned mission redundancy

optimizations with respect to DDT&E and production costs (and component weight

where applicable). Additions of major components are specified in these graphs. The

small numbers associated with the various points on these curves refer to specific

component additions delineated in the appropriate computer printouts. As a matter of

practicality, the printouts are not included with this document, but are on file at BAC

for customer inspection. Further, these graphs are plotted only to the region of R=0.99

to avoid the use of semi-log graph paper. The actual optimizations continued until

R=0.999. Of course, these values are also contained in the aforementioned computer

printouts and were used for the LCC/reliability trade studies.

Because of the emphasis on the GEO delivery mission, STROP optimization was

performed for both cost and weight. The remaining two unmanned missions were

optimized with respect to cost only. Should additional analyses be required for these

missions at a later date, the necessary weight optimizations will be performed.

11.4.2 Manned Missions Optimizations

While redundancy optimization was performed for the manned missions, it was not

pursued to the same depth as for the unmanned missions. The information in this

paragraph is intended to provide a basis for future OTV manned mission LCC/reliability

analyses.

NASA handbook NHB 5300.4 (ID-2), "Safety, Reliability, Maintainability and

Quality Provisions for the Space Shuttle Program," was used to obtain guidance for

reliability analysis in the absence of any other documentation more applicable for OTV

manned missions. Information in this document provides the following two groundrules:

I. A manned vehicle shall have no single failure points (SFP's) for critical

equipment.

2. Should failure(s)occur during a mission such as to result in an SFP in critical

equipment anywhere in the system, the mission will be aborted. (All OTV

components in the analyses herein are considered critical).

The first definition describes "survivability " (as distinct from reliability) and

indicates that each component in the basic configuration will have at least one
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Strop Optimization OTV ("Final")
Space Based, Unmanned
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mission length 56.231 hrs
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redundant component; i.e., the basic configuration must be at least "Fail Safe."

However, given that we have a Fail Safe configuration initially,the second definition

says we will abort a mission should only one failure occur (because an SFP would then

exist in the system). Thus, the second definition applies to reliability; i.e.,probability

of mission success where mission refers to placing or servicing a satellite in orbit, or

making a human delivery. Survivability, on the other hand, refers to the probability of

successful recovery of the astronauts.

Figure 11-11 illustrates the concepts described above. Survivability and reliability

apply simultaneously depending on the point of view. Relative to the "mission," points A

through E, reliability is of interest. At the completion of the mission, point E, the OTV

returns to base and is in a "defacto" abort mode. Thus, from point E to point F

survivability applies. In addition, should failure result in an SFP during the "mission,"

the mission would be aborted. Consequently, the diagrammed "mission survivability"

applies at any time from point A through point F relative to safe return of the

astronauts (and, incidentally, recovery of the OTV).

Redundancy optimization is performed relative to reliability. A true single thread

configuration is used as the starting point. Even though the configuration is fully

redundant for survivability, a single failure will cause mission abort which is equivalent

to failure. It is to be remembered that redundant additions for reliability even further

enhance survivability which, of course, isalways greater than reliability.

Figure 11-12 and 11-13 show the results of the cost and weight optimizations for

the MGSS mission. As described above, the optimization applies only through orbital

operations (survivability must be calculated separately. MGSS "Mission Survivability" is

0.9993 for the configuration where mission reliability is 0.995). The remaining two

manned missions were optimized using different groundrules than for the MGSS mission.

Thus, their inclusion here would be inappropriate. These missions will be treated in

future analyses.

11.5 MAINTENANCE IMPLICATIONS

A list of the top 20 failure items for the MGSS mission is shown in table 11-8.

This list is based upon an assumed MGSS optimized reliability of 0.995 and is included

for maintenance planning purposes. It will be updated when subsequent LCC/reliability

analysis yields the true optimized reliabilityvalue.

A Poisson distribution was used to calculate the probability of exact numbers of

failures for MGSS and is shown in table 11-9. The assumptions are the same as those in

the preceding paragraph. This data will also be used for maintenance planning.
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Table 11-10 tabulates the beneficial effects of on-orbit maintenance. Starting

with no on-orbit maintenance, the failure rates of those components judged to be

maintainable in space are subtracted sequentially from the no-maintenance failure rate.

The reciprocal of the product of each failure rate and this mission length result in an

increasing Mean Mission to Earth Return (MMTER). This data indicates that for MGSS

type missions if no maintenance provisions were available the vehicle would have to be

returned essentially after each flight.

11.6 LCC/RELIABILITY OPTIMIZATION

LCC/Reliability analysis was performed for the baseline unmanned GEO delivery

mission. Details of the LCC analysis are contained in another section of this document.

The LCC/Reliability analysis issynopsized here for convenience.

Figure 11-14 illustrates the analytical concept. The various program costs are

plotted relative to increasing reliability. Initially, the rising costs of increased

reliability are more than offset by the decreasing re-flight costs resulting from

increased reliability. However, there comes a point where the increasing cost

overcomes the offsetting reflight costs and total program costs rise sharply as

illustrated by graph 4 in figure 11-14. The lowest point on that curve, the so-called

"bucket," represents the optimum reliabilityfor the OTV mission, and the life cycle cost

associated with that optimum value. The OTV configuration for that optimum

reliability is found by referring to the appropriate computer printout of the redundancy

optimization described above.

Figure 11-15 reiterates the results of the redundancy optimization for the

unmanned GEO delivery mission. Figure 11-16 shows the actual costs associated with

100 flights of this OTV mission.

Figure 11-17 shows the results of the LCC/reliability optimization. The

decreasing program costs resulting from increased reliability achieved by optimized

redundant additions to the "single thread" system are evident, as is the sharp rise in

program costs when the optimum point is exceeded. The optimum reliability, 0.995, is

achieved by adding the 45 redundant components shown on the right side of figure 11-17.

The cost savings of this redundancy rather than full fail safe redundancy is estimated at

$2 million per flight. Table 11-11 tabulates the OTV subsystem reliabilities when

system reliability is 0.995. Table 11-12 shows the top i0 failure contributions for an

unmanned OTV with system reliability of 0.995 and is intended as a guide to

maintenance requirements.
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The Poisson distribution was again used to estimate the probabilities of exact

numbers of failures for the unmanned GEO delivery mission. These probabilities are

based upon a full fail safe configuration, the reliability of which is somewhat greater

than 0.995. However, the difference is not significant for this calculation. These

calculations will aid in maintenance planning. The results are shown in table 11-13.

The Mean Missions to Earth Return (MMTER) for an unmanned OTV are tabulated

in table 11-14. These MMTERs are much higher than those for the manned MGSS

mission because less equipment is required in the absence of an initial fail safe

confignration requirement for survivability. These results are used in volume Ill,System

Trades to determine the optimum amount of on-orbit maintenance capability for a SB

OTV.

11.7 CONCLUSIONS AND RECOMMENDATIONS

The LCC/reliability analysis described above results in a suggested OTV design

configuration achieved in a logical manner. This approach is a considerable

improvement over the hit-or-miss methods (fail-safe only, fail operational-fail safe only

configurations, etc.) traditionally employed, and results in a design which is beneficial

relative to national funding because it isan optimized approach.

It is recommended that this type of analysis be continued and refined for both

manned and unmanned OTV missions. Further analysis will determine whether two OTV

configurations-one for manned missions and one for unmanned missions-are cost

effective.
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APPENDIX A

ASCENT TO A 12-HOUR MOLNIYA ORBIT

The purpose of this appendix is to describe the velocity requirements for OTV

transfer from an initial orbit of 500 km (270 nmi) and 28.5 ° inclination (typical for a

space station)to a mission orbit with a 12-hour period, 63.4 ° inclination, 270 ° argument

of perigee and a 926 km (500 nmi) perigee altitude. Data is also shown for the return of

the OTV to the space station orbit for an OTV that utilizes an aerobrake device.

Transfer to a highly elliptic orbit involves a trade off between argument of

perigee, difference in the right ascension of the ascending node (RAAN) between the

initial orbit and the mission orbit, and the difference in inclination between the two

orbits. An optimization program is necessary in order to pick the burn locations that

most efficiently meet the trajectory requirements. For this study both two-impulse and

three-impulse transfers are examined. The three-impulse transfers result in very

significant reductions in the velocity requirements for large inclination changes. The

Multiple Impulse Trajectory Optimization Program (MITOP) was used to calculate the

optimum trajectories. This program is designed for use with fixed impulse, staged

vehicles; consequently it is not extremely efficient in this application. Modifications to

the program are anticipated that will result in a more efficient code for finding single

stage, minimum velocity transfers.

In this analysis the initial orbit is 500 km (270 nmi) circular, 28.5 ° inclined. The

RAAN of this orbit is a key independent variable in determining the mission delta-V

requirements. The spacecraft delivery orbit is a 12-hour Molniya orbit with a 926 km

(500 nmi) perigee altitude. The elements of this orbit are: 26,565 km (14,344 nmi)

semi-major axis, 0.725 eccentricity, 63.4 ° inclination, 0.0 ° RAAN and 270 ° argument of

perigee. The mission orbit RAAN was kept fixed at 0 ° and the RAAN of the initial orbit

was varied in determining the velocity requirements. The delta-V requirements for the

optimum two-impulse transfer are shown in figure A-1. The velocity requirements for a

three-impulse transfer to the mission orbit are shown in figure A-2. As can be seen

from the two figures the three-impulse transfer offers a 10% reduction in total delta-V

over the two-impulse ease.

The transfer velocity requirements are symmetric about the 0 ° initial orbit RAAN

line. This is due to the symmetry of the mission orbit for an argument of perigee of

270 ° . The minimum delta-V is at +_250 (figure A-l). The positive initial orbit RAAN

uses a trajectory in which the second burn takes place on the downward leg of the
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transfer orbit, while for the negative initialorbit RAAN the second burn occurs on the

ascending leg.

The parking orbit drifts westerly (-) at a rate of -6.73 ° per day faster than the

mission orbit. Consequently mission opportunities at the minimum delta-V occur

initiallyat +25 °, then about 7.4 days later at -25 ° (referenced to the mission orbit). The

next opportunity is again at +25 °, then about 7.4 days later at -25 ° (referenced to the

mission orbit). The next opportunity is again at +25 ° which is now 46 days later. The

number of revs and the manner in which one best utilizes this window is another matter

and not the purpose of this memo. For the three-impulse transfer the minimum is

flatter and occurs at +15 ° RAAN.

The operational mode for a space-based OTV requires it to return to the space

station using a combination of propulsive and aerobrake maneuvers. In calculating the

optimum trajectory, the differential nodal regression between the initial orbit (Space

Station orbit) and the trajectory flown by the OTV must be taken into account. The

return transfer consists of two propulsive burns and one aerobrake maneuver. The goal

in optimizing this return is to minimize the propulsive portion of the maneuver. This is

done at the expense of increasing the velocity which must be shed during the

aeromaneuver, and increasing the transfer time. This study presents only the propulsive

results and does not attempt to make a trade between electrical power requirements,

aerobrake size and propellant. For the purposes of this study the two propulsive burns

take the OTV from the delivery orbit to an orbit with a semi-major axis of 50,000 km

(26,998 nmi), eccentricity of 0.87077 (corresponding to an 83.3 km (45 nmi) perigee),

28.5 ° inclination, and a RAAN that corresponds to the nodal regression experienced by

the Space Station orbit during the mission time. The RAAN shift of the Space Station

orbit is shown in figure A-3. Argument of perigee is set at 250 ° for RAAN's that are

less than 0 and at 290 ° for RAAN's greater than 0. In a more detailed study these

values can be left free, however, there is not a significant penalty in using the fixed

values.

The delta-V requirement to transfer from the delivery orbit to the aero-return

orbit is shown in figure A-4. The time required to perform this maneuver is shown in

figure A-5. Here the time is given from perigee of the delivery orbit to perigee of the

aero-return orbit. Combining this data with the data from the transfer orbit trajectory

analyses results in the data of figure A-6 and A-7. In figure A-6 is shown the total

propulsive delta-V requirement for the mission. The minimum delta-V occurs for an

initial orbit RAAN of -15 °. It is broken into the transfer delta-V, during which the

payload is attached, and the return delta-V, after deployment of the payload. The total
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mission time isshown in figure A-7. It isbroken out into transfer time and total mission

time. The total mission time is from the first propulsive burn in the initialorbit until

arrival at perigee in the aero-return orbit.

It is also necessary for a returning vehicle is to have the proper time phasing with

its service platform, in this case the Space Station. The Space Station orbit has a period

of 1.58 hours, thus by varying the length of the mission by a total of 1.58 hours any

arbitrary phasing difference can be accommodated. Operationally it would be most

desirable to perform this phasing on the return trip so that the deployment of the

spacecraft would not be impacted by any of these phasing maneuvers. This particular

mission allows for a phasing maneuver that will actually decrease the total delta-V. The

return transfer trajectory consists of transferring from the delivery orbit to the aero-

return orbit which has been baselined _to a semi-major axis of 50,000 kin. This semi-

major axis was arbitrarily chosen because it gives realistic trip times and delta-V's, not

because it is optimum. The propulsive impulse required to transfer to the aero-return

orbit goes down as the semi-major axis increases, while at the same time the trip time

increases. This is illustrated in figures A-8 and A-9. Thus any phasing difference

between the OTV return and the Space Station can be accommodated by slightly

increasing the semi-major axis of the return orbit. There is no associated delta-V

penalty that must be accounted for over the baseline. The aerobrake device, however,

must be sized for this slightly higher return velocity, and the power requirements sized

for the longer trip time.

The advantage of the three-burn transfer over the two-impulse transfer is shown

in figure A-10. This shows the total delta-V for the two different cases as a function of

the parking orbit inclination. The delta-V is for a +I0 ° change in RAAN in all cases, so

it does not give the minimum delta-V, but it is very close. The point that is being

illustrated is that the three-impulse transfer does not offer any advantage if the parking

orbit is greater than 52 °. For a shuttle launch to the 12-hour orbit it is typical to

specify a 57 ° parking orbit. This maximizes the payload capability to the 12-hour orbit

while remaining within the range limitations of an ETR launch.

The relationships between the orbital maneuvers is shown graphically in figure A-

ll. The trajectory and the mission orbit are plotted to scale and the burn locations are

indicated.

A table of the trajectory parameters for the selected three-impulse transfer and

return isshown in figure A-12.
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APPENDIX B

OTV PHASING WITH THE SPACE STATION

ABSTRACT

At the conclusion of a mission in geosynchronous orbit (GEO), an orbital transfer

vehicle (OTV) returns to the Space Station. This must be accomplished using a minimum

amount of fuel, in order to maximize payload, and in a minimum amount of time

lowering failure rates, fuel boil-off, and tracking costs. Two opportunities per day are

available to commence a deorbit from GEO, these being the times when the line of

nodes are aligned with the orbit of the Space Station. Various methods of achieving this

return were analyzed, each with their own intuitive advantages and disadvantages.

Illustration of these methods ispresented in figure B-I.

INTRODUCTION

One m.ethod of transferring from GEO to the Space Station, forward phasing, is

illustrated in method "a" in figure B-I. Employing three burns, the OTV executes an

aeromaneuver and enters a phasing orbit which allows the OTV to "catch up" with the

Space Station. The first burn occurs at GEO and places the OTV into a Hohmann

transfer orbit (with an inclination equal to the Space Station) to the altitude of the

aeromaneuver. The OTV exits the aeromaneuver with an orbit apogee equal to the

radius of the Space Station orbit. Upon reaching apogee, the OTV executes a burn to

raise its orbit perigee to an altitude high enough to free it from the effects of excessive

atmospheric drag. This will be the intermediate phasing orbit in which the OTV will

remain until it "catches up" with the Space Station at the time of apoapsis passage. A

circularization burn at the apogee brings the OTV into an orbit which allows it to

rendezvous with the Space Station.

A second method of reaching the Space Station, reverse phasing, is shown by

method "b". Like forward phasing, this maneuver require three burns and waiting in a

phasing orbit. In this case, however, the phasing orbit allows the Space Station to

"catch up" with the OTV. Following the Hohmann transfer and aeromaneuver, the OTV

enters an orbit with an apogee higher than that of the Space Station. Upon reaching

apogee, the OTV raises its perigee to the altitude of the Space Station. It then remains

in this phasing orbit until the Space Station "catches up" with the OTV at the time or

periapsis passage. The OTV circularizes at perigee, completing its mission.

A third method, which requires only two burns, is called transfer time phasing as

shown by methods "c, d, e". At GEO, the OTV transfers into an orbit which will reach
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the aeromaneuver in such a time that allows it to coast to the Space Station without

waiting in an intermediate phasing orbit. The first burn at GEO may or may not have a

change in flight path angle, depending on the position of the Space Station at the time

of deorbit. The OTV will reach the aeromaneuver altitude at the perigee of the transfer

orbit. It exits the aeromaneuver into an orbit having an apogee equal to the altitude of

the Space Station, and at apogee, its position is the same as the Space Station, due to

the adjustment in transfer time made at the beginning of the deorbit. A final

circularization burn completes the mission.

Another method, double aeromaneuver phasing is illustrated by method "f". This

utilizes two aeromaneuver and two burns. The first burn at GEO puts the OTV into a

Hohmann transfer orbit (with the same inclination as the Space Station) to the

aeromaneuver altitude. Like reverse phasing, the exiting orbit is higher than the

altitude of the Space Station. This orbit'sdifference in period with that of the Space

Station is such that the OTV allows the Space Station to "catch up" with it in one

intermediate phasing orbit. The second aeromaneuver brings the apogee of the OTV's

orbit to the altitude of the Space Station, and at the time of apoapsis passage, the OTV

circularizes and rendezvous with the Space Station.

COMPARISON OF TRANSFERS

Each of these returns has their own advantages and disadvantages, summarized in

table B-I. Forward phasing has the benefits of utilizing the minimum delta-V, but the

time spent waiting for the OTV to catch the station may be great, as the bounds of the

atmosphere do not allow for large differences in period (semi-major axis) between the

Space Station and phasing orbits. Transfer time phasing offers two advantages over the

previous two methods: it eliminates one burn from the mission, and it requires no time

"waiting" in an intermediate phasing orbit. The disadvantages of such a maneuver is

that a non-ideal transfer is usually required at the time of the GEO deorbit, and it may

impose more severe constraints on the guidance system. The double aeromaneuver

transfer has the advantages of using two burns and minimum delta-V. The disadvantages

of such a maneuver include the longer mission duration and the problems associated with

the utilization of two aeromanuevers.

ANALYSIS

The assumptions for the following analysis include: the Space Station is in a

circular orbit with an altitude of 270 nm and inclination of 28.5 degrees, the

aeromaneuver takes place at an altitude of 45 nm, and the altitude where atmospheric

537



D180-29108-2-3

TABLE B-1 COMPARISON OF TRANSFERS

ae

Coneept

Forward

Phasing

Advantages

-Minimum delta-V

Disadvantages

-Potentiallyvery long

mission time

-3 burns

bo Reverse

Phasing

-Mission time shorter

than for forward phasing

-Potentially very large

delta-V penalty

-Mission time longer than

transfer time phasing

-3 burns

c-e. Transfer Time

Phasing

-2 burns

-Shortest mission time

-Modest delta-V penalty

-Guidance system

constraints

fe Double

Aeromaneuver

Phasing

-Minimum delta-V

-Mission time shorter than

for forward phasing

-Mission time longer than

transfer time phasing

-2 aeromaneuvers
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drag becomes too great for maintaining Keplerian orbits is 75 nm. For the purposes of

this study, these assumptions are good ones. The mission delta-V calculations exclude

any losses due to gravity or boiloff.

In order to compare these three maneuvers, a variable which relates the relative

position of the OTV to the Space Station is necessary. The variable chosen for this

purpose is the angle theta, which is the angle the Space Station is away from a

reference angle at the time of the OTVs deorbit from GEO. The reference angle (theta

equals zero) is defined from the Hohmann case for transfer time phasing (method "c"),

being the angle the Space Station would be positioned at the time of GEO deorbit to

ensure such a transfer. This convention makes theta dependent on the mission itself,

and not on any fixed reference frame.

A positive or negative value of theta determines which variation of transfer time

phasing is utilized. For the case when theta is positive (method "d"), the OTV would

need to reach the aeromaneuver altitude faster than it would for a Hohmann transfer.

A non-ideal transfer at GEO would be required, which has the effect of shifting the

transfer orbit's semimajor axis away from the Hohmann Case. Similarly, a negative

value of theta (method "e") warrants the use of a longer transfer, and has the effect of

shifting the semimajor axis from the Hohmann case in the opposite direction. This shift

ih axis changes the position where the OTV rendezvous with the Space Station.

In the case of forward and reverse phasing, the number of intermediate phasing

orbits the OTV executes is a variable. When reverse phasing is employed, the number of

phasing orbits determines the apogee altitude the OTV must target upon exiting the

aeromaneuver. This apogee altitude corresponds to an orbit period (semimajor axis)

which allows the Space Station to "catch up" with the OTV upon completion of the

phasing orbits. Using fewer phasing orbits reduces the mission time, but it also requires

a higher phasing orbit apogee, which creates a larger delta-V penalty at the

circularization burn. When forward phasing is used, the phasing orbit has a perigee

lower than the altitude of the Space Station. The restrictions the Earth and its

atmosphere impose on a phasing perigee limit the number of phasing orbits which are

allowed. In order to reduce the mission time, the lowest possible perigee altitude should

be used, maximizing the period difference between the phasing orbit and the Space

Station. Since the phasing orbit does not extend above the Space Station, there is no

circularization delta-V penalty involved.
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RESULTS

The total return delta-V and time of flight is illustrated in figures B-2 and B-3 as a

function of theta for the four phasing maneuvers. For reverse phasing, the circulariza-

tion delta-V penalty remains high until the number of phasing orbits becomes great,

which involves very long mission times. Forward phasing offers consistently low delta-

vee requirements, but the number of phasing orbits required due to the restrictions

imposed by the atmosphere becomes great for large values of theta. Such a number of

phasing orbits require a prohibitively high mission time.

The problems associated with the previous two maneuver types is not a considera-

tion for transfer time phasing. It features the lowest mission time with only a modest

(delta-V) penalty. It is advantageous to use a fast transfer from theta - 0 to 154 deg,

both in terms of delta-V and transfer time. From theta = 154 to 360 deg (which

corresponds to theta - -206 to 0 deg), a slow transfer yields a lower delta-V, with only a

slight increase in the transfer time. For ti_e worst case, (theta --154 deg), the delta-

vee penalty is 190 fps, which is insignificant when considering the time saved using this

maneuver.

For transfer time phasing, a typical set of data would be:

Angle which Space Station isaway from ideal (theta) --64 deg.

Transfer orbit'ssemimajor axis - 13155 NM.

Shift in transfer orbit'ssemimajor axis = 2.4 deg.

Deita-vee required at GEO - 6079 fps.

Circularization delta-V at the Space Station = 393 fps.

Total return delta-V --6472 fps.

Total mission time from GEO to the Space Station - 5.65 hrs.

When double aeromaneuver phasing is used, there is no delta-V penalty, as the

penalty associated with reverse phasing is handled with the second aeromaneuver. The

total return time is also low, ranging from 2 to 3 hours longer than that for transfer

time phasing.

For double aeromaneuver phasing, a typical set of data would be:

Angle which Space Station isaway from ideal (theta) - 62 deg.

Delta-V required at GEO = 6050 fps.

Circularization delta-V at the Space Station - 393 fps.

Total return delta-V = 6443 fps.

Total mission time from GEO to the Space Station --8.87 hrs.
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CONCLUSIONS

From the phasing maneuvers studied, the transfer from GEO to the Space Station

using an aerobraked OTV will be less costly in terms of return delta-V and time of flight

using either a transfer time or double aeromaneuver phasing maneuver. The transfer

time phasing maneuver has the fastest return time, with a minimal delta-V penalty. Use

of double aeromaneuver phasing affords the minimum delta-V, with a slight increase in

the return time. The total return delta-V requirement for transfer time phasing

(excluding gravity losses) range from the Hohmann value of 6443 fps to a worst ease of

190 fps over this minimum value, while the return time of flight ranges from 5.3 to 7

hours. Double aeromaneuver phasing uses the minimum delta-V of 6443 fps for all

eases, with a return time of flight ranging between 7.45 and 9 hours. To determine

which phasing maneuver is preferable, other criteria must be examined.
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APPENDIX C

BURN LOSSES FOR THE OTV

.
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An approximate solution for fuel-optimal finite burn circle-to-circle transfers has

been utilized to examine the velocity losses experienced by the OTV. The

approximation has previously been shown to be quite accurate for relatively efficient

transfers, becoming pessimistic as the acceleration is decreased. Examples of these

approximate losses are included for current baseline OTV missions.

i

ROBBINS FORMULA

A derivation of Robbins formula for approximate finite burn losses can be found in

references 1 and 2. The formula for an optimally steered circle-to-circle transfer with

constant thrust as given in reference 1 ispresented below.

The geometry of an impulsive circle-to-circle transfer with plane change is

illustrated in figure C-I. For optimality, a certain ratio of the total plane change is

accomplished in the first burn. From this change in inclination, an out of plane pointing

angle 131 may be defined, being the angle which the mean thrust direction is directed

away from the plane of the transfer orbit. A similar pointing angle 132is defined for the

second burn, and for an optimal transfer is given by:

l+e
sin - sin 13[_2 1 - e

here, e refers to the eccentricity of the transfer orbit.

When considering a finite burn, the direction with which the thrust is applied

determines the amount of velocity losses incurred. For a circle-to-circle transfer, the

optimal turn rate of the thrust direction at perigee and apogee are given to be:
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n 1 +e{3-e (1 +ewp=-x/ _ cosf_t + v' 1-
4 1 --e 1 -e 1 -e

sin 131)2}

Wa = 2n cos_l ](3 + e)(1-e) Wp -
(1 +e) 2 (1 +e)_ll Le 2

here, n is the mean orbital motion of the transfer orbit.

Once the optimal turn rates are known, Robbins formula for constant thrust yields

the approximate burn loss:

l[ c3I }1rn 2 l 1 1
L - (no 2- Wopt 2) _ 1 - _ +

_L_ l_"r"rn o_2 m o m 2 m
l--_ ln_

rno mo

where,

T/mo = initialthrust-to-mass ratio

no = mean orbital motion of the initialorbit

Wopt = optimal turn rates

c : characteristic exhaust velocity = go * [sp

m__ = impulsive mass ratio

mo

Robbins approximation gives the burn loss to be nearly proportional to be the

inverse of the square of the initial thrust-to-mass ratio.

A comparison between Robbins' approximation and an exact (integrated) solution

as given in reference 1 shows that as the losses increase, the approximation becomes

less accurate. The approximation is 5% high at 500 fps loss and 10% high at 800 fps

loss. This level of accuracy is more than adequate for preliminary design work, and

serves the purpose of indicating when burn losses become undesirably high.

OTV VELOCITY LOSSES

Current baseline OTV mission scenarios include transfers from the Space Station

to geosynchronous orbit (GEO) and return. Assuming a Space Station at an altitude of

270 NM and an inclination of 28.5 deg, an optimal two-burn impulsive transfer to GEO
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has a velocity increment of 7857 and 5798 fps at perigee and apogee, respectively. On

the return from GEO, the OTV targets on a perigee altitude so that the OTV may

execute an aeromaneuver, leaving the atmosphere with a new apogee and perigee.

Using data from previous simulated trajectories (POST), the OTV is assumed to enter

the atmosphere with a perigee altitude of 43 NM, and exit with a perigee and apogee

altitudes of 29 and 270 NM, respectively. The impulsive GEO deorbit delta-V for an

inclination change of 28.5 deg is 6051 fps, and a final circularization impulse of 422 fps

allows the OTV to rendezvous with the Space Station.

Using Robbins approximation, the velocity losses for such'maneuvers are given as

a function of thrust-to-weight in figures C-2 through C-5. In figures C-2, C-3 and C-5

an Isp of 483 sec was assumed. In figure C-4, a variance of Isp's between 300 and 500

sec demonstrates the increase of velocity loss with an increase in Isp. For initialthrust-

to-weights as low as 0.05, the velocity loss is negligible for all but the initialascent to

GEO. Losses'in this portion may be effectively reduced by increasing the number of

perigee burns, as figure C-2 shows. The negligibility of the remaining burn losses allows

the flexibility to use a lower thrust propulsion system for these portions of the mission.

547



D180-29108-2-3

10O00

1000

.1
!NITIAL THRUST/WEIGHT

Figure C-2 LEO to GEO: Perigee Burn Losses

1 1

2

3

4
5
6
7,

1.

VELOCITY LOSSES

ARE BY RQBBINS"

APPROXIMATION

NUMBER OF

PERIGEE BURNS

O'3

I,.I.1

O
--,I

>-
I.--
t,,j
O
,..=I

>

10

.1

.01

IIII

.001
.I I

INITIAL TH RUST,'_'E1G HT

Figure C-3 LEO to GEO: Apogee Burn Losses

548

10

OTV-1853



D180-29108-2-3

Idd
O')
(,n

O
,.d

>.
I--

O
,.d

ILl

1000,
!

100
i ' !

10

I

\5-i,

I . k_J

I _

!-
I!,

I

i

!p ', \'_

I i11! I

' 1171tJ! ,i
,01

INITIAL THRUST/WEIGHT

%'.

",,:'X '
m,.%-.

%

[ , . , !,,

I, I

! i-

q'_xJ t l

i, i7_,

.1

Figure C4 GEO Deorbit Burn Losses

VELOCITY LOSSES

ARE BY ROBBINS'
APPROXIMATION

IJ,J
¢J3

O
,-,I

>-
I-

O
,,.,J

IJJ

10

I

I I1_11

I!ili \J

.001 .01

INITIAL THRUST/WEIGHT

Figure C.5 LEO Circularizarion Burn Losses

549
OTV-1854


